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ABSTRACT
Structural Loads and Preliminary Structural Design for a World Speed RecordBreaking Turbo-Prop Racing Airplane
Matthew Slymen
The Cal Poly SLO Turbo-Prop Racer project aims to design a world speed record-breaking aircraft,
capable of flying more than 550 miles per hour on a 3-kilometer closed course. To further this
endeavor, this thesis presents the calculations of load distributions across the aircraft’s wing and tail
and preliminary structural estimates of primary structural components for verification of the loads
calculations and for use in a future finite element model. The aircraft’s fundamental design
characteristics effect on the structure of the aircraft, namely the unique Y-tail design, are first
examined. Then, loads are calculated in accordance with the regulation dictated by CS-23.
Maneuvering loads, gust loads, ground loads, and engine loads are calculated through the VortexLattice Method and CS-23 to provide input for detailed structural analysis. Structural thickness
estimates are found using simplified analytical stress analysis. The wing and tail’s primary spars’
spar-caps and shear-webs, the wing and tail skins, and the rear fuselage are all calculated. The loads
and thicknesses found are shown to be within order of reason and to support the fundamental design
characteristics of the aircraft, pushing the project to continue toward its goal.
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INTRODUCTION

The Cal Poly SLO Turbo-Prop Racer (TP Racer) project aims to break the world speed record for a piston
engine aircraft over a 3-kilometer course. To achieve this feat, an outer-mold-line has been designed and
initial parameters required for estimating aircraft performance have been established; however, a structural
design of the TP Racer airframe has yet to be examined.
Before structural elements can be designed, aircraft loads must be calculated. This report presents the
methods of calculation of aircraft loads for a turbo-prop racing plane, along with a summary of results, to
accompany the full load cases documented in the loads report Aircraft Loads for a World Speed RecordBreaking Turbo-Prop Racing Airplane, by Matthew Slymen. Throughout the Load Determination
Methodology and Results sections of this thesis, various load cases will be referred to as documented in the
loads report. After the calculation of loads, an initial structural design of the airframe is presented using
analytical methods of structural analysis. This preliminary structural design will give initial sizing estimates
to future engineers to create a higher-fidelity structural model for further analysis of the loads calculated in
this thesis.
In this thesis, the development of load cases and their respective loads and load distributions, along with
methods and results of initial structural analysis will be presented. First, in Chapter 2, an evaluation of the
prior work on the project will show which initial aircraft design characteristics are considered for loads and
structure calculation. Also in Chapter 2 is a discussion of current aircraft structural regulations that will
establish which scenarios are to be analyzed in this paper. Then, in Chapter 3, the methods used to calculate
aircraft loads are developed. First, the aircraft performance will be evaluated, finding all the V-speeds of the
aircraft (stall, maneuvering, cruise, and dive), and translating the structural requirements into load cases to
be further evaluated. Next, the aircraft geometry and control surfaces will be evaluated for the aerodynamic
qualities necessary for load determination. After those parameters are determined, the calculation of loads
for each load case will be presented. Chapter 4 contains the aircraft loads results. Load distributions upon the
aircraft are discussed, with each distribution documented in the loads report mentioned previously, and a
summary of results presented in this thesis. After loads are analyzed, an idealized aircraft structure will be
calculated through various structural models to estimate thicknesses across each structural component of the
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aircraft in Chapter 5. The resulting preliminary structural estimates are shown and discussed in Chapter 6.
Finally, in Chapter 7, a summary of the thesis and the future work to be done on the project will end the paper
to provide a launching point for the project’s continuation.

2

2

LITERATURE REVIEW

Through the methodology section of this thesis, equations and methods are presented to calculate loads and
make estimates of structural thicknesses. These equations and methods are investigated and then shown in
application toward the TP Racer. Before getting to calculations, a brief review is presented of the current
world records the TP Racer is aiming to break, aircraft regulations that dictate the load cases to calculate, and
the certification process the TP Racer will undergo.

2.1

Current World Records

Per the Fèdèration Aèronautique Internationale (FAI), the governing body for a variety of aircraft world
records, the current world record for a piston engine airplane over a 3 𝑘𝑚 course is 531.64 𝑚𝑝ℎ. The rules
for this record are documented in the FAI sporting code, Section 2-Subsection 4.6 for Class C airplanes [1].
This record was achieved in September of 2017 by Steven Hinton Jr. in a modified P-51 Mustang named
“Voodoo” [2]. The aircraft flew four passes across a 3 𝑘𝑚 course at 100 𝑚 in altitude per the sporting code
regulations. The top lap speed was 554.69 𝑚𝑝ℎ, with an average speed over all passes of 531.6 𝑚𝑝ℎ.

Figure 2-1: Current World Record-Breaking Aircraft “Voodoo”
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An older record by Lyle Shelton also stands to be beaten. Shelton flew a Grumman Bearcat, Rare Bear, to a
top speed of 528.31 𝑚𝑝ℎ. This record was set in 1989 prior to the FAI’s institution of aircraft weight
classes into the speed record rules. Because of this incongruity, it is known that Shelton’s record will not be
taken off the record books until a challenger flies one percent faster than Shelton [3]. Voodoo came close at
0.63 percent, but Shelton’s record-plus-one-percent remains the speed to beat around the record-breaking
industry.
The TP Racer project aims to break this record at an average speed of 550 𝑚𝑝ℎ, well over one percent faster
than Rare Bear achieved and faster than the average Voodoo lap time. In addition, the TP Racer will have
the fuel capacity to also break the piston engine 15 𝑘𝑚 record of 405.67 𝑚𝑝ℎ. By breaking these records,
the TP Racer will also set the world records for the 3 𝑘𝑚 and 15 𝑘𝑚 courses for a plane with a turboprop
engine (354 𝑚𝑝ℎ and 332 𝑚𝑝ℎ respectively). For all these records, the TP Racer would be listed as a Class
C-1c aircraft, defined as a piston engine landplane between 100 𝑘𝑔 and 1750 𝑘𝑔.
The Voodoo aircraft fell into a category of 3000 − 6000 𝑘𝑔, more than three times the proposed maximum
takeoff mass of the TP Racer, so comparisons are difficult beyond the top speed. Voodoo was highly
modified, but at its core still originally a P-51 Mustang. However, the TP Racer will be designed from the
ground up to specifically break this world record, with every aspect of its design geared towards being the
fastest general aviation piston engine aircraft ever flown.
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2.2

Aircraft Regulation and Certification

The current aircraft structural standards for FAA certification are found in 14 CFR Part 23 Subpart C [4]. In
2016, these standards were re-written to remove a prescription-based approach to regulating aircraft and
institute a performance-based approach [5]. Although the re-write proves useful for new types of aircraft
such as the e-VTOL commuter-craft being designed around the world, it presents a challenge in determining
exactly which load cases should be analyzed to meet regulation. To complement 14 CFR Part 23, one can
look toward the European equivalent, CS-23 [6]. CS-23 Amendment 4-Subpart C states more detailed
requirements for aircraft certification and will be the primary source for load cases for the TP Racer. The two
documents were written to mirror each other in format, and a study by the FAA in 2018 found no structural
requirement in 14 CFR Part 23 that was more stringent than the CS-23 counterpart [7]. Thus, designing to
CS-23 should provide a detailed approach to aircraft loads while still following the guidelines presented in
14 CFR Part 23.
To fly the TP Racer in the United States, it must be granted an airworthiness certification by the FAA. The
TP Racer project will work to receive an “Experimental Category” certification for the aircraft. Experimental
certifications are granted by the FAA for research and development, showing compliance with regulations,
crew training, exhibition, air racing, market surveys, amateur or kit-built planes, or for some special
unmanned aircraft systems. The TP Racer falls under the category of an amateur-built aircraft where a
certification can be issued “to operate an amateur-built aircraft in which the major portion has been fabricated
and assembled by persons for their own recreation or education”, as well as the research and development
category in which a certification can be issued “to conduct aircraft operations as a matter of research or to
determine if an idea warrants further development” [8] [9]. To be granted this certificate the TP Racer must,
among other requirements, show upon inspection of the aircraft by the FAA enough pertinent information to
safeguard the general public [10]. To achieve this, the aircraft will adhere to CS-23 where appropriate, but
the regulations can serve as guidelines rather than a strict set of requirements.
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3

LOAD DETERMINATION METHODOLOGY

The TP Racer airframe will be analyzed under a variety of load cases to follow the guidelines stated in CS23 [6]. To analyze these load cases’ effect on the airframe structure, load distributions across the airframe
will be calculated. Through this chapter, these loading situations are grouped into the following sections:
•

Balancing Loads

•

Pitching Maneuvers

•

Rolling and Yawing Maneuvers

•

Gust Loads

•

Ground Loads

•

Engine Loads

An aircraft model will be created for use in a non-linear Vortex-Lattice Method solver to find the load
distributions that correspond to each maneuver. Where this numerical method doesn’t apply, namely for gust,
ground, and engine loads, simplified models will be created in accordance with the guidelines specified in
CS-23.
Preliminary calculations and analysis of aircraft geometry and performance are required prior to examining
the aircraft model under the Vortex-Lattice Method. These calculations are grouped into the following
sections:
•

Aircraft Outer Mold Line

•

V-n and Gust Diagrams

•

Lifting and Control Surfaces Geometry

First, the outer mold line and initial key design traits that impact the load calculations will be examined.
Then, the V-n and Gust Diagrams will be formulated to provide the V-speeds of the aircraft and maneuvering
load factor envelope. After that, each lifting and control surface’s geometry will be examined to determine
the aerodynamic characteristics and aerodynamic derivatives necessary for maneuvering calculations.
The maneuvering loads will then be calculated. First, to calculate the balancing loads, the V-n Diagram will
be called upon to determine the load distributions around the maneuvering envelope of the aircraft. At the
critical boundaries of the V-n Diagram, the angle-of-attack that induces each specified load factor will be
found. Then, the required ruddervator trim to balance the aircraft in the pitching direction at these angle-of-
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attacks will be determined. Second, to find the pitching maneuver load distribution, unchecked and checked
maneuvers will be calculated. In an unchecked maneuver, the aircraft experiences a sudden ruddervator
deflection to pitch upwards and reach the maximum load factor without slowing down the rate of load factor
increase. In a checked maneuver, the aircraft experiences a sudden ruddervator deflection, but then the
ruddervator deflection is reduced to just meet the maximum load factor before decreasing again to a lower
level. These balancing and pitching maneuver loads are inherently symmetric across the span of the aircraft.
Unsymmetrical maneuvers include those of yawing and rolling the aircraft - these loads will be calculated
next. To calculate the rolling maneuvers’ load distributions, a sudden max deflection at maximum
maneuvering speed, 𝑉𝐴 , with load factor four, and then the distributions at cruise speed, 𝑉𝐶 , and dive speed,
𝑉𝐷 , at load factor four that have the same roll-rate as the first case, will be induced on the aircraft model.
Then the maximum yawing maneuver cases will be analyzed. The yawing maneuvers’ calculations consist
of a sudden max rudder deflection at 𝑉𝐴 with load factor one with no sideslip angle, 𝛽, and then a max
negative deflection at the same speed and load factor with max 𝛽. This will conclude the maneuvering loads
calculations.
Gust loads will then be analyzed at each critical boundary of the Gust Diagram, dependent on velocity and
load factor. These gust loads will result in a total vertical tail load and an incremental horizontal tail load to
be added to the balancing load distributions calculated at the boundaries of the Gust Diagram.
Finally, the ground and engine loads will be calculated. The ground loads to be calculated are those which
the aircraft experiences during landing. The three types of landings analyzed in this paper are that of the
level-landing, the one-wheel landing, and the tail-down landing. Additionally, side-loads and braked-roll
loads will be calculated to accompany these landing loads. The engine loads that will be calculated are those
that arise from the torque and thrust of the engine on the airframe.
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3.1

TP Racer Outer Mold Line and Initial Design Traits

Before calculating the TP Racer airframe loads, the initial aircraft design will be examined. The outer mold
line (OML) of the TP Racer has been developed outside the scope of this thesis. Minor changes to this OML
are possible, but for the purposes of the calculations to follow, the OML design is considered fixed. The key
attributes of this OML important for load distribution calculation are the lifting surfaces, the unique tail
design, and the landing gear configuration. The design of the lifting surfaces is pertinent to load calculations
as the spans, chord distributions, aspect ratios, and airfoils are all parameters into the simulations that will
define the load distributions.
The unique tail design consists of a Y-tail, split and referred to as the V-tail and vertical stabilizer through
the rest of this thesis. The V-tail has ruddervators that contribute to both yaw and pitch stability and control,
whereas the vertical stabilizer has a rudder to contribute to yaw abilities. As the V-tail has significant dihedral,
particular care will be taken to calculate both the horizontal and vertical loads on the surface. Next, the
landing gear configuration comprises a retractable main gear under the wing and a tail-dragging wheel under
the vertical stabilizer. These points of contact will be examined under landing loads. Finally, the weight and
balance of the aircraft has initial estimates that will define the center of mass of the aircraft for load
distribution calculations. The TP Racer CAD model, upon which all load calculations will be based, is shown
in Figure 3-1 on the next page.
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Figure 3-1: TP Racer OML 3-View Drawing
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3.2

Formulation of V-n and Gust Diagrams

To calculate the balancing and maneuvering loads of the aircraft, the Velocity vs. Load Factor (V-n) Diagram
will be created. The V-n Diagram dictates the velocity, 𝑉, and load factor, 𝑛, bounds of maneuvers for an
aircraft and provides discrete locations to test for critical load distributions. Additionally, per CS-23.341a,
the airplane must be designed to withstand loads on each lifting surface resulting from gusts as specified in
CS-23.333c. A Gust Diagram provides the speed and load factor combinations for which to assess gust
loading and will be a useful tool when calculating the gust load distributions on the TP Racer. These diagrams
will be calculated to ensure all critical load cases are examined.
The wing area, wingspan, root wing chord, and wing mean geometric chord can all be calculated from the
OML of the TP Racer. The aircraft weight, 𝐶𝑙 𝑚𝑎𝑥 , and 𝐶𝑙 𝑚𝑎𝑥

𝑓𝑙𝑎𝑝𝑠

are estimated from the initial design of

𝑊

the aircraft. The wing loading ( ) and lift coefficients are fundamental design points that the rest of the
𝑆

aircraft is based around and are unlikely to change.
The first boundary of the V-n Diagram is that of the stall boundary. To calculate stall speed at various
velocities and load factors, the formula for lift, Equation 3-1, is first solved for velocity.

𝐿=

1 2
𝜌𝑉 𝑆𝐶𝑙 𝑚𝑎𝑥 = 𝑛𝑊
2

3-1

Then, since lift is the product of load factor and aircraft weight, the stall speed can be solved for any load
factor using Equations 3-2 and 3-3. Now, solving for positive and negative load factors at various velocities,
a curve for the stall boundary of the airplane can be computed. Note that for the negative boundary, a 𝐶𝑙 𝑚𝑎𝑥
of 90% the positive 𝐶𝑙 𝑚𝑎𝑥 is used.
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𝑉𝑆 = √

2𝑛𝑊
𝜌𝑆𝐶𝑙 𝑚𝑎𝑥

3-2

2𝑛𝑊
𝑉𝑆𝐹 = √
𝜌𝑆𝐶𝑙 𝑚𝑎𝑥

3-3

𝑓𝑙𝑎𝑝𝑠

CS-23.345 dictates 𝑉𝐹 , the maximum flight speed with which flaps can be fully extended, to be the larger of
1.4𝑉𝑆 and 1.8𝑉𝑆𝐹 . CS-23.345 says that the aircraft be designed for loads up to a load factor of two with flaps
fully extended, therefore the flap boundary occurs up to 𝑉𝐹 at load factor two. Next, the maximum
maneuvering load factors are determined. Per CS-23.337, the positive and negative limit maneuvering load
factor limits are six and three, respectively, for an aerobatic category aircraft. The positive and negative
maneuvering speeds are found by finding the stall speed via Equation 3-3 at these positive and negative limit
maneuvering load factors.
To break the fastest through 3 𝑘𝑚 world record, the speed at level flight under maximum power, 𝑉𝐻 , has
been decided to be 550 𝑚𝑝ℎ. Per CS-23.335a.3, 𝑉𝐶 need not be more than 90 percent of 𝑉𝐻 . This calculation
for cruise speed will be chosen as the aircraft cruise speed. To calculate the minimum design cruise speed
used in later calculations, Equations 3-4 and 3-5 are used. The scaling constant, 𝐶𝑠𝑐, is decreased linearly
with

𝑊
𝑆

to a value of 28.6 where

𝑊
𝑆

is equal to 100 per CS-23.335a.1.ii. Note that the

𝑊
𝑆

ratio in lbs. outputs

a 𝑉𝐶𝑚𝑖𝑛 in knots.

𝑊
𝑉𝐶𝑚𝑖𝑛 = 𝐶𝑠𝑐 ∙ √
𝑆
𝑊 (36 − 28.6)
𝐶𝑠𝑐 = 36 − ∙
𝑆 (100 − 20)

3-4

3-5

With 𝑉𝐶 𝑚𝑖𝑛 , 𝑉𝐷 can be calculated with the dive speed scaling constant 𝐷𝑠𝑐. To ensure this dive speed meets
CS-23.335b, Equations 3-6 and 3-7, adapted from CS-23, are used to calculate the minimum dive speed.
Once the dive speed is calculated, the full V-n Diagram can be charted.
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𝑉𝐷 = 𝐷𝑠𝑐 ∙ 𝑉𝐶𝑚𝑖𝑛

𝐷𝑠𝑐 = 1.55 −

3-6

𝑊 (1.55 − 1.35)
∙
𝑆 (100 − 20)

3-7

Next, the Gust Diagram is formulated. CS-23.333c dictates positive and negative gusts below 20000 𝑓𝑡 of
50 𝑓𝑝𝑠 at cruise speed and 25 𝑓𝑝𝑠 at dive speed. As the TP Racer is designed for a record run near sea-level,
these gust speeds will be used. CS-23.333c.ii also states that gust load factors vary linearly with speed
between the cruise speed and dive speed calculated in the prior section. In addition, a value for 𝑎, also called
𝐶𝐿 𝛼 , is calculated in Section 3.3.2. This represents the slope of the aircraft normal force coefficient curve per
radian if the gust loads are applied to the wings and horizontal tail surfaces simultaneously. Finally, CS23.341c states that in the absence of a more rational analysis, such as a CFD model, the gust load factors are
computed using Equation 3-8, 3-9, and 3-10. These calculations conclude the Gust Diagram formulation.

𝑛 =1±

𝑘𝑔𝜌0 𝑈𝑑𝑒 𝑉𝑎
𝑤
2( 𝑆 )

𝑘𝑔 = 𝑔𝑢𝑠𝑡 𝑎𝑙𝑙𝑒𝑣𝑖𝑎𝑡𝑖𝑜𝑛 𝑓𝑎𝑐𝑡𝑜𝑟 =

3-8

0.88𝜇𝑔
5.3 + 𝜇𝑔

3-9

𝑊
2( 𝑆 )
𝜇𝑔 =
𝜌̅ 𝐶̅ 𝑎𝑔
3-10
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3.3

Lifting Surfaces Geometry, Lift Coefficients, and Control Surface Effectiveness

The aerodynamic geometry of concern when calculating load distributions consists of three primary factors:
the airfoils, the control surfaces, and the planforms. As stated before, the TP Racer consists of a main wing,
vertical stabilizer, and a V-tail with appreciable dihedral. The vertical stabilizer and V-tail have standard
NACA airfoils, whereas the main wing has an airfoil designed specifically for the aircraft, the PITPxt50
airfoil. The control surfaces to be analyzed are the flaps, ailerons, ruddervators, and rudder. For loads
calculations, each control surface’s effectiveness must be determined. To determine the aerodynamic
planforms upon which to numerically determine load distributions, the CAD model of the outer mold line of
the aircraft was converted into trapezoidal sections as shown in Figure 3-2.

Figure 3-2: Final TP Racer Trapezoidal Approximation

Loads will be calculated using the Vortex-Lattice Method (VLM) as discussed in Section 3.4. One limitation
of this method is that for elliptical wings, the pressure calculated at a wingtip expands to infinity, contrary to
the expected elliptical pressure distribution for which pressure at the wingtip falls to near zero. Therefore,
after all surfaces are traced into trapezoids, they must be examined to ensure that the last trapezoidal section
along the span has a large enough tip chord to converge. On each surface, the final trapezoid is split into two,
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and then the farthest trapezoid toward the tip is deleted. This reduces the span of each surface and increases
the mean chord length, but as the tips of each surface theoretically have much less pressure than the root, this
approximation is assumed to have comparable results without the convergence issue of elliptical wings. The
reduction of the final surface is iterated with VLM simulation until the wing converges.

3.3.1

Lifting Surfaces Geometry

Before calculating the loads on the aircraft, the geometry of each lifting surface must be analyzed. First, the
main wing’s geometry will be surveyed, then the V-tail, concluding with the vertical stabilizer. The airfoil
on the wing is specially designed for the TP Racer, the PITPxt50, constant along the wing with cross-section
graphed normalized against a chord-length of one in Figure 3-3. The airfoil is characterized by a thickness
ratio of 13% and a trailing edge taper of close to zero degrees.

Figure 3-3: PITPxt50 Airfoil

Next, the control surfaces on the main wing are examined. The flaps of the wing take 20% of the chord length
and the inner half of the semi-span. Similarly, the ailerons take the outer half of the semi-span and 15% of
the chord length. The planform of the wing was designed to have a constant sweep angle of zero at the 20%
chord length so that the control surfaces can be mounted to a straight hard-point.
To calculate the mean aerodynamic chord (𝑀𝐴𝐶), the trapezoidal approximation discussed in the prior
section is used. The final surface that had to be removed for VLM convergence is assumed to have negligible
effect on the 𝑀𝐴𝐶 and is not included in these calculations. At each surface, the local taper is calculated
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using Equation 3-12 and the local 𝑀𝐴𝐶 calculated using Equation 3-11. These are then weighted by surface
area 𝑆 as shown in Equation 3-13 to calculate the full 𝑀𝐴𝐶 of the wing.
2

(1+ 𝜆𝑖 + 𝜆2
𝑖)

3

1+ 𝜆𝑖

𝑀𝐴𝐶𝑖 = ∗ 𝑐ℎ𝑜𝑟𝑑𝑟𝑜𝑜𝑡𝑖 ∙
𝜆𝑖 = 𝑡𝑎𝑝𝑒𝑟 𝑟𝑎𝑡𝑖𝑜 =

𝑀𝐴𝐶 =

,

3-11

𝑐ℎ𝑜𝑟𝑑𝑡𝑖𝑝𝑖
𝑐ℎ𝑜𝑟𝑑𝑟𝑜𝑜𝑡𝑖

3-12

𝑜𝑓 𝑆𝑢𝑟𝑓𝑎𝑐𝑒𝑠
∑𝑁𝑢𝑚𝑏𝑒𝑟
𝑆𝑖 ∙ 𝑀𝐴𝐶𝑖
𝑖=1
𝑜𝑓 𝑆𝑢𝑟𝑓𝑎𝑐𝑒𝑠
∑𝑁𝑢𝑚𝑏𝑒𝑟
𝑆𝑖
𝑖=1

3-13

Then the Aspect Ratio (𝐴𝑅) will simply be calculated with the full span and planform area using Equation
3-14.

𝐴𝑅 =

𝑏2
𝑆

3-14

A summary of wing geometry characteristics is tabulated in Table 3-1. These characteristics drive load
distribution calculations.
Table 3-1: Wing Geometric Parameters
Variable

Symbol

Value

Units

Wing Area

𝑆

5.66

𝑚2

Wing Span

𝑏

6.44

𝑚

Flap % of the chord

𝑐𝑓
𝑐

20

%

Flap % of the semi-span

𝑏𝑓
𝑏

50

%

Aileron % of the chord

𝑐𝑎
𝑐

20

%

Aileron % of the semi-span

𝑏𝑎
𝑏

50

%

Sweep Angle at 0.2c

Λ

0

Mean Aerodynamic Chord

𝑀𝐴𝐶

0.924

𝑚

MAC distance along span

𝑏𝑀𝐴𝐶

1.7

𝑚

𝐴𝑅

7.34

Aspect Ratio
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Next, the V-tail geometry is examined. The airfoil of the V-tail is a NACA64008A. The NACA64008A is
characterized by a thickness ratio of 8% and a trailing edge taper angle of close to zero degrees. Because the
fuselage is small at the intersection of the left and right sides of the V-tail and thus having appreciable lift at
that location, aerodynamic characteristics will be calculated as if the tail had zero dihedral. The V-tail
geometry will then later be rotated by software to account for the dihedral when calculating load distributions.
Analyzing each surface as if the root were not attached to the root of the other side of the surface would lead
to a zero-lift condition at the root which is incorrect. As with the main wing, the 𝑀𝐴𝐶 and 𝐴𝑅 can be
calculated and are tabulated in Table 3-2 with the rest of the V-tail’s geometric parameters.
Table 3-2: Full V Tail Geometric Parameters
Variable

Symbol

Value

Units

Ruddervator % of Chord

𝑐𝑓
𝑐

20

%

Trailing Edge Taper Angle

𝜏

0

𝑑𝑒𝑔.

Root Chord

𝐶𝑟𝑜𝑜𝑡

1.028

𝑚

Tip Chord

𝐶𝑡𝑖𝑝

0.375

𝑚

Span

𝑏

2.6

𝑚

Planform Area

𝑆

1.63

𝑚2

𝑀𝐴𝐶

0.76

𝑚

𝐴𝑅

3.99

Sweep

Λ

28

𝑑𝑒𝑔.

Dihedral

𝜃

36

𝑑𝑒𝑔.

Mean Aerodynamic Chord
Aspect Ratio
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As the V-tail acts in both the horizontal and vertical planes, it is of use to examine both the horizontal and
vertical projections of the V-tail. The V-tail has a dihedral angle, 𝜃, of 36°. Since the chord lengths will not
change under the projection, just the span and wing area are affected by projection and thus only the aspect
ratio needs to be re-calculated. Equations 3-15 and 3-16 are used to first find the projected spans.

𝑏ℎ𝑜𝑟𝑖𝑧 = cos(𝜃) ∙ 𝑏

3-15

𝑏𝑣𝑒𝑟𝑡 = sin(𝜃) ∙ 𝑏

3-16

With these projected spans, the projected areas can be calculated using Equations 3-17 and 3-18

𝑆ℎ𝑜𝑟𝑖𝑧 =

𝑐ℎ𝑜𝑟𝑑𝑟𝑜𝑜𝑡 + 𝑐ℎ𝑜𝑟𝑑𝑡𝑖𝑝
∙ 𝑏ℎ𝑜𝑟𝑖𝑧
2

3-17

𝑆𝑣𝑒𝑟𝑡 =

𝑐ℎ𝑜𝑟𝑑𝑟𝑜𝑜𝑡 + 𝑐ℎ𝑜𝑟𝑑𝑡𝑖𝑝
∙ 𝑏𝑣𝑒𝑟𝑡
2

3-18

Then, the aspect ratios can be calculated as was done for the full V-tail with Equation 3-14. The projected
geometry is then tabulated in Table 3-3.
Table 3-3: Projection V-Tail Geometric Parameters
Variable

Symbol

Value

Units

Horizontal Span

𝑏ℎ𝑜𝑟

2.1

𝑚

Vertical Span

𝑏𝑣𝑒𝑟𝑡

1.53

𝑚

Horizontal Projected Area

𝑆ℎ𝑜𝑟

1.47

𝑚2

Vertical Projected Area

𝑆𝑣𝑒𝑟𝑡

1.07

𝑚2

Horizontal Aspect Ratio

𝐴𝑅ℎ𝑜𝑟

3

Vertical Aspect Ratio

𝐴𝑅𝑣𝑒𝑟𝑡

2.19

To conclude the aircraft geometry study, the vertical stabilizer geometry is investigated. The vertical
stabilizer also uses a NACA640008A airfoil. As was done for the main wing and V-tail, the geometric
parameters for the airfoil and planform are listed in Table 3-4. The vertical stabilizer’s parameters are listed
as if it has a full span, where, in actuality, the surface only has a half span.
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Table 3-4: Vertical Stabilizer Geometric Parameters
Symbol

Variable

Value

Units

Airfoil Thickness / Chord

𝑡
𝑐

08

%

Rudder % of Chord

𝑐𝑓
𝑐

20

%

Trailing Edge Taper Angle

𝜏

18

𝑑𝑒𝑔.

Root Chord

𝐶𝑟𝑜𝑜𝑡

0.98

𝑚

Tip Chord

𝐶𝑡𝑖𝑝

0.45

𝑚

Full Span

𝑏

1.14

𝑚

Full Span Planform Area

𝑆

0.87

𝑚2

𝐴𝑅

1.49

𝑀𝐴𝐶

0.88

𝑚

Λ

4

𝑑𝑒𝑔.

Aspect Ratio
Mean Aerodynamic Chord
Sweep Angle

3.3.2

Lift Coefficients

The next aerodynamic characteristics to calculate are the lift coefficients of each surface. These are calculated
by way of B. Etkin’s Dynamics of Flight, Stability, and Control textbook [11]. Etkin’s method was assembled
from wind tunnel data and has been used for decades to approximate lift coefficients and derivatives.
Although the numerical methods used later in this paper also calculate their own lift coefficients, this method
allows validation of those numerical methods and for the estimation of the control surface effectiveness, or
how the induced lift and moment of the surface changes with control surface deflection, required for
calculating maneuvers.
To find the lift coefficient, first Figure B1.1c from Etkin is interpolated for (𝑎1)0𝑇 from the proper trailing
edge taper ratio and thickness ratio. Then, Figures B1.1a and B1.1b from Etkin are interpolated to find the
(𝑎1)0
(𝑎1)0𝑇

ratio, referred to as 𝐾, from the taper angle and Reynold’s number of the wing. Now, multiplying 𝐾

by (𝑎1)0𝑇 gives the value for 𝐶𝑙 𝛼 . This derivative is the value of the lift-curve slope for an infinite span
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without Mach effects. Next, the effects of finite span and Mach number are examined. 𝐶𝑙 𝛼

𝑀𝑎𝑐ℎ

can be

calculated using the below equations from Etkin.

𝛽 = √1 − 𝑀 2
𝐶𝑙 𝛼

𝑀𝑎𝑐ℎ

=

3-19

1.05
∙ 𝐶𝑙𝛼
𝛽
3-20

Finite effects are considered through the below equations. Mach effects are mostly negated as the
compressibility factor, 𝛽, cancels out except for its small effect with sweep angle.

𝜅=𝛽∙

𝐶𝑙 𝛼

𝑀𝑎𝑐ℎ

2𝜋

3-21

2𝜋 ∙ 𝐴𝑅

𝐶𝐿𝛼𝑀𝑎𝑐ℎ =
2 + √𝐴𝑅2 ∙

tan2 Λc/2
𝛽2
∙
(1
+
)+4
𝜅2
𝛽2

3-22

This method for determining the lift coefficient’s derivative in alpha has been automated and is documented
in Appendix B.
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3.3.3

Control Surface Effectiveness Textbook Method

The derivatives 𝐶𝑙 𝛿 , 𝐶𝑚 𝛿 , and 𝐶𝑑 𝛿 are required to get the full picture of control surface effectiveness and thus
calculating maneuvers. However, it is assumed that the change in drag is negligible so only the change in lift
and moment will be examined. Etkin provides a method to calculate the change in lift coefficient by flap
deflection like his method for 𝐶𝑙 𝛼 . Once found, the derivatives can be inputted into CEA software to simulate
flap deflection to retrieve a load distribution at specified flap angles. The effect of these derivatives is
illustrated by the equations:

𝐶𝐿 = 𝐶𝐿𝛼 ∙ 𝛼 + 𝐶𝐿𝛽 ∙ 𝛽

3-23

𝐶𝑀 = 𝐶𝑀𝛼 ∙ 𝛼 + 𝐶𝑀𝛽 ∙ 𝛽

3-24

𝐶𝐷 = 𝐶𝐷𝛼 ∙ 𝛼 + 𝐶𝐷𝛽 ∙ 𝛽

3-25

Etkin’s method will be used to find 𝐶𝐿 𝛿 . First, (𝑎2)0𝑇 is found from the percentage of the chord the
ruddervators take up, the thickness percentage, and Etkin’s chart B.2.1(a). Then, the theoretical vs. actual
ratio of the derivative is found from the lift-curve’s theoretical vs. actual ratio and the flap chord percentage
using Etkin’s chart B.2.1(b). This allows for finding (𝑎2)0, also referred to as 𝐶𝑙 𝛿 . With this method, all
control surfaces’ lift effectivenesses can be found.

3.3.4

Control Surface Effectiveness Numerical Method and Comparison

An alternate method has been created to validate the control surface effectiveness estimates. This method
utilizes the Hess-Smith Panel Method within the software “CEA-2D” written by Luiz Vargas and Paulo
Iscold, to re-calculate the shift in 𝐶𝐿 and 𝐶𝑀 slopes at various angles of ruddervator deflection [12] [13]. This
software is the same software that will calculate the polars necessary to run the 3D loads calculation software
discussed later in this paper. To supply the necessary input coordinates into CEA-2D, the tail airfoil is redrawn with a control surface by rotating the original coordinates that fall behind the specified chord ratio by
an angle, 𝛿, about the midpoint that falls at the specified chord ratio. Figure 3-4 illustrates the geometric
results of this process for an example angle of deflection of −10° on a test airfoil.
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Figure 3-4: -10 Degree Ruddervator Deflection Plot

The next step in numerically determining the control surface effectiveness is to run the new airfoil geometry
with control surface deflection with the CEA-2D solver to determine new polars, the 𝐶𝐿 𝑣𝑠. 𝛼, 𝐶𝐷 𝑣𝑠. 𝛼, and
𝐶𝑀 𝑣𝑠. 𝛼 charts. Once new polars are calculated for each deflection angle, the vertical shift in 𝐶𝐿 , 𝐶𝑀 , and 𝐶𝐷
at an angle-of-attack of zero can be measured. This simulation corroborates the assumption that the change
in drag coefficient is negligible. As an example, Figure 3-5 shows the coefficients’ variance with deflection
for the NACA64008A Airfoil. This process has been automated and is documented in Appendix B.

Figure 3-5: Aerodynamic Coefficients vs. Control Deflection
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3.3.5

Downwash Effect

The downwash of the wing relative to the angle-of-attack is of importance when calculating vertical gust
loads later in this thesis. It is calculated by the below equation from Etkin [14].
1.19
1
𝜕𝜀
= 4.44 [𝐾𝐴 𝐾𝜆 𝐾𝐻 (cos 2(𝛬0.25 )]
𝜕𝛼

3-26

At higher subsonic speeds, such as the TP Racer’s cruise and dive speeds, the effect of compressibility is
calculated as below, with the lift coefficient derivative at Mach calculated via Etkin’s method in Section
3.3.2.

(

𝜕𝜀
𝜕𝜀 (𝐶𝐿 𝛼 )𝑀
) =
∙
𝜕𝛼 𝑀
𝜕𝛼
𝐶𝐿 𝛼

3-27

To calculate the TP Racer’s downwash factor, Equation 3-28 is used to find 𝐾𝐴 , the wing-aspect-ratio factor.

𝐾𝐴 =

1
1
−
𝐴 1 + 𝐴1.7

3-28

Next, Equation 3-29 is used to find 𝐾𝜆 , the wing-taper-ratio factor.

𝐾𝜆 =

10 − 3𝜆
7

3-29

Finally, Equation 3-30 is used to find 𝐾𝐻 , the horizontal-tail-location factor, with 𝑙𝐻 and ℎ𝐻 defined by Figure
3-6 [14].

ℎ
1 − | 𝐻|
𝑏
𝐾𝐻 =
3 2𝑙
√ 𝐻
𝑏

Figure 3-6: Downwash Horizontal Tail Location Factor (From Etkin [14])
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3-30

3.4

CEA-3D Software Method

The Vortex-Lattice Method (VLM) is a numerical solution method to low-speed aerodynamics. The method
is an extension of Prandtl’s Lifting-Line theory and is derived by solving Laplace’s equation with boundary
conditions of zero normal flow across a thin wing’s solid surface. A “lattice” of trapezoidal panels that
influence each other can be created and then solved for to determine the pressure and forces on each panel.
In general, the VLM has been shown to be an effective method for quickly calculating the aerodynamic forces
an aircraft experiences [15].
The 3D load calculation software used for this paper is CEA-VLM-2 which was developed by Luiz Vargas
and Paulo Iscold [13]. It uses a non-linear vortex lattice method to calculate the loads on the aircraft as defined
by trapezoidal panels. This software package also includes the 2D solver (CEA-2D) which implements the
Hess-Smith panel method to calculate a particular airfoil’s polar plots as was done in Section 3.3. Aircraft
geometry is inputted as a combination of trapezoidal surfaces, split into panels. Each surface has a designated
airfoil, with polars linked to each airfoil. An additional MATLAB application has been written as part of this
thesis as a pre- and post-processor for the VLM solver written by Vargas and Iscold and is documented in
the Appendix. The application, CEA-3D Maneuvers (CEA-3D), can be used on future projects or if the TP
Racer geometry is altered. CEA-3D provides the ability to edit control surface effectiveness, run a standard
CEA-VLM-2 solver load case, run balancing loads, and run all maneuvers discussed in this section.

3.4.1

Aircraft Geometry and Software Inputs

The trapezoidal aerodynamic geometry approximation discussed in Section 3.3 is now used to simulate the
aerodynamic loads on the aircraft. Each panel has a corresponding reference number with a particular
corresponding airfoil. The airfoils for the wing are split into plain, aileron, and flap sections whereas the Vtail and vertical stabilizer are both set in their entirety to ruddervators and rudder respectively. This way, each
control surface deflection can be individually adjusted. The CEA-2D software can then be used to calculate
the polars of each panel’s airfoil at zero-degrees control surface deflection. These polars are attached to the
aircraft to be referenced when the load distribution is examined at each load case. Each control surface can
then have polars adjusted, by using the control surface effectiveness found in Section 3.3, to account for a
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desired deflection. In addition to the control surface inputs, the center of mass position, velocity, angle-ofattack, beta angle, and angular velocity are primary inputs into the solver. Output loads are then found for
the center of each panel.

3.4.2

Center of Mass Estimate

The center of mass of the aircraft is a primary input into the CEA-VLM solver. As the aircraft’s mass
distribution is symmetric about the X-Z plane, and nearly symmetric on X-Y plane, only the pitching center
of mass is to be initially estimated as a non-zero value. Initial mass and location estimates have been
previously determined outside the scope of this thesis. The center of mass with full fuel-tanks is found relative
to the original zero datum at the front of the engine to be 1.96 𝑚. Only the full fuel-tank case will be analyzed
as it represents the maximum load cases for the structure of the aircraft. Less mass would lead to less overall
force per load factor and thus less stress on each structural component.
The front of the main wing in CEA-3D is at 0 𝑚, however the front of the wing is located at 1.57 𝑚 aft of
the 𝐶𝐺 datum from the CAD drawing and 𝐶𝐺 calculation. Converting the 𝐶𝐺 found into CEA-3D coordinates
thus gives the 𝐶𝐺 located at [0.39, 0, 0] 𝑚 in the software. It is observed that the loads calculated in this
document are only relevant for this mass distribution. If a future change in mass distribution deemed to
possibly increase loads on a certain lifting surface, whether for fuel location, pilot weight, or design changes,
each load case should be re-calculated with the new 𝐶𝐺. This can be easily done by using CEA-3D as defined
in the Appendix.
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3.5

Maneuvering Envelope Loads

At any given speed, as the aircraft pitches up or down to fly at a certain angle-of-attack, the load distribution
and total load on the aircraft changes. To determine these balancing loads at the maneuvering envelope
boundaries, these angle-of-attacks must be found. At each of these angle-of-attacks, speeds, and load factors,
the ruddervator deflection that causes zero pitching acceleration must be found to balance the aircraft.
First, the angle-of-attacks required to meet each load factor at a given velocity are found using a golden
section search algorithm. This algorithm iterates the CEA-VLM-2 solver over various angle-of-attacks until
a solution converges under an angle-of-attack tolerance of 0.1°. Once found, the load distribution output from
CEA-VLM-2 will be recorded as the balancing load distribution at each speed and load factor case.
This algorithm is put into effect for each set of velocity and load factors at all control surface deflections set
to zero. An example of the algorithms’ convergence is shown in Figure 3-7 for 𝑉𝑆+ , with angle-of-attack
convergence on the left axis and the difference from ((𝐿𝑖𝑓𝑡 𝑓𝑟𝑜𝑚 𝐶𝐸𝐴) – (𝑛 ∙ 𝑊)) on the right.

Figure 3-7: Example Angle-of-Attack Golden Section Search Convergence
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As is shown in Figure 3-7, the example search converges at the correct solution after fourteen iterations. In
other cases where there is no angle-of-attack within the specified bounds that can reach the specified load
factor, such as the case with a higher-than-one load factor at stall speed, the algorithm will converge at a
solution with a load difference greater than zero. This solution is still the best solution available as long as
the solution space is continuous with a single minimum or maximum value.
Now, equipped with each angle-of-attack and velocity pair to test, the next step to calculating balancing loads
is to find the ruddervator deflection required to cause the total pitching moment of the aircraft to be zero. The
change in lift coefficient is found by multiplying the ruddervator effectiveness derivatives described in
Section 3.3 by a ruddervator deflection 𝛿. As when finding the angle-of-attack, a golden section search is
employed to find the deflection angle required to have a pitching moment of zero.

26

3.6

Pitching Maneuvers

CS-23.423 states the guidelines for calculating pitching maneuvers. The first pitching maneuver to be
analyzed is that of an unchecked maneuver. In an unchecked maneuver, the ruddervators are suddenly
displaced to maximum to pitch the aircraft. In the unchecked maneuver, the rate of increase of the load factor
does not decrease until past the maximum load factor. Flying past the maximum load factor would overstress the aircraft, but this maneuver is used to calculate the maximum possible pitching loads at the
maximum maneuvering load factor. To determine the load distribution in an unchecked maneuver, the flight
profile that follows will be analyzed utilizing CEA-3D.
1.

Trimmed at a speed of 𝑉𝐴+ 1G to sudden max ruddervator deflection +30°

2.

Trimmed at a speed of 𝑉𝐴+ 6G to sudden max ruddervator deflection of −30°

3.

Trimmed at a speed of 𝑉𝐴+ 1G to sudden max ruddervator deflection of −30°

4.

Trimmed @ 𝑉𝐴− -3G to sudden max ruddervator deflection of +30°

The second pitching maneuver to analyze is the checked maneuver. A checked maneuver is a pitching
maneuver in which the ruddervator deflection is ramped up until the maximum load factor is reached. Then
the deflection is ramped down so that the load factor gradually decreases. For the checked maneuver, the
method presented in CS-VLA 423d, which calculates the added force on the tail in the maneuver, will be
used [16]. The aerodynamic tail load increment is given by Equation 3-31, copied from CS-VLA.

𝑆ℎ𝑡
𝑎ℎ𝑡
𝑋𝑐𝑔
𝜕𝜖
𝜌0 𝑆ℎ𝑡 𝑎ℎ𝑡 𝑙𝑡
Δ𝑃 = Δ𝑛𝑀𝑔 [
− 𝑆
(1 −
)− (
)]
𝑙𝑡
𝑎
𝜕𝛼
2
𝑀

In CS-VLA, the maneuver is split into conditions defined in Figure 3-8 and Table 3-5.
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3-31

Figure 3-8: Pitching Maneuvers (From CS-VLA, Figure 1 )

Table 3-5: Checked Maneuver Conditions
Load Factor
Speed

Initial Condition

Final Condition
Increment

A1

A

𝑛1 − 1

A

A1

1 − 𝑛1

A1

G

𝑛4 − 1

G

A1

1 − 𝑛4

D1

D

𝑛2 − 1

D

D1

1 − 𝑛2

D1

E

𝑛3 − 1

E

D1

1 − 𝑛3

𝑽𝑨

𝑽𝑫

In the case of the TP racer, the V-n Diagram shows that 𝑛1 is equivalent to 𝑛2 so the incremental tail load
at max load factor will be the same at 𝑉𝐴 and 𝑉𝐷 , but the base initial condition load distributions to which

28

the incremental load is added will be different as they are at different speeds, angle-of-attacks, and trims.
The aircraft parameters required for calculating the checked maneuvers are documented in Table 3-6.
Table 3-6: Checked Maneuver Input Parameters
Parameter

Variable

Value

Units

Mass of the aircraft

𝑀

1180

𝑘𝑔

Acceleration due to gravity

𝑔

9.81

𝑚
𝑠2

𝑋𝑐𝑔

-0.25

𝑚

Horizontal Tail Area

𝑆ℎ𝑡

1.63

𝑚2

Slope of horizontal tail lift curve

𝑎ℎ𝑡

3.7

1
𝑟𝑎𝑑

Rate of change of downwash angle with angle-of-

0.270

attack

𝜕𝜖
𝜕𝛼

Density of air at sea level

𝜌0

1.225

𝑘𝑔
𝑚3

Tail Arm

𝑙𝑡

2.75

𝑚

Wing Area

𝑆

5.63

𝑚2

Wing Lift Curve Slope

𝑎

5.07

1
𝑟𝑎𝑑

Longitudinal distance of aircraft CG aft of
aerodynamic center of main wing

29

𝜖
𝑟𝑎𝑑

3.7

Rolling and Yawing Maneuvers

Per CS-23.347 the aircraft is to be subjected to rolling and yawing conditions explained in CS-23.349 and
CS-23.351 respectively. CS-23.347 states that any unbalanced aerodynamic moments about the CG must be
reacted by the inertia forces of the aircraft. This statement means that the aircraft has an acceleration from
the induced aerodynamic forces and moments that are calculated via CEA-3D and is included in the solver’s
calculations. For the purposes of these maneuver analyses, the aircraft is considered a rigid body and thus the
internal inertia forces under rotational accelerations on the structure are assumed to have zero impact. Later
studies could examine this impact outside the scope of this thesis.
Generic rolling maneuvers are first analyzed. Per CS-23.427, the horizontal section of the V-tail must be
designed for unsymmetric loading consisting of 100% the maximum loading on the tail on one side and 40%
the maximum loading on the other. Thus, these load cases are advised to be analyzed when a future highfidelity model is created after the conclusion of the paper to find the critical case for the airframe and are not
documented in this thesis. In CS-23.349a.1, another load case arises from applying 100% of the load on one
side of the main wing, and 60% on the other side of the previously calculated load cases A and F.
Next, the loads resulting from the aileron deflections in a roll are examined. Per CS-23.349b, the loads found
from aileron deflections are to be added to the case with at least an aircraft load factor of two-thirds the
positive maneuvering load factor. CS-23.455 requires analysis of a sudden maximum aileron displacement
to maximum at 𝑉𝐴 , then again at 𝑉𝐶 to only a displacement that induces an equivalent rate of roll to the 𝑉𝐴
max displacement case, and then again at 𝑉𝐷 to a displacement to achieve one-third that same rate of roll. All
this will be interpreted as the following cases to be calculated within CEA-3D.
1.

At a speed of 𝑉𝐴+ , balanced at load factor four, sudden aileron deflection to maximum

2.

At a speed of 𝑉𝐶 , balanced at load factor four, sudden aileron deflection to match rate of roll from
case one

3.

At a speed of 𝑉𝐷 , balanced at load factor four, sudden aileron deflection to match one-third the rate
of roll from case one

From prior aircraft design decisions, there will be a control stop to limit aileron deflection to a maximum of
±30°. Only the +30° cases will be documented because the aircraft is symmetric. For structural analysis, the
loads must be mirrored to show the −30° cases because the wings have opposite deflections dependent on
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which side they are on. Both cases must be analyzed as the tension case leads to different stresses than the
compression case. The load distribution that arises from the first case will be analyzed first.
For the first case, the balancing ruddervator deflection to a load factor of four is found in a similar fashion to
as is done in the section on balancing loads. Then, the ailerons are set to max deflection at the balanced 𝑉𝐴 .
This result has the highest rolling acceleration the aircraft will experience at this speed, but zero roll angular
velocity. Similar to as was done in the unchecked maneuvers, the roll angular velocity is iterated via golden
section search until a rolling acceleration of zero is found and thus the aircraft stops accelerating. This is the
maximum roll rate. For the second case, 𝑉𝐶 is analyzed to determine the aileron deflection required to achieve
the same roll rate. The case starts in steady level flight at 𝑉𝐶 ; then, the aileron deflection is searched for via
golden section search, with the required roll rate to have zero rolling acceleration calculated for each angle.
Finally, for the third case, the same process will be repeated at dive speed, but for a roll rate of one-third the
roll rate at 𝑉𝐴 and 𝑉𝐶 . Then the same process as in the second case will be employed but with the reduced roll
rate as stated.
The next set of maneuvers calculated are the yawing maneuvers. CS-23.441 states the requirements for
vertical surfaces under maneuvering loads. CS-23.441a.3 requires that a static-sideslip yaw angle of 15° at
maximum rudder deflection must be examined at speeds up to 𝑉𝐴 . This is interpreted into the following cases
to be analyzed through CEA-3D as the maximum cases.
1.

At a speed of 𝑉𝐴 at 1G, with a 𝛽 value of 0°, the aircraft experiences a sudden positive max rudder
deflection

2.

At a speed of 𝑉𝐴 at 1G, with a 𝛽 value of 15°, the aircraft experiences a sudden negative max
rudder deflection

From prior aircraft design decisions outside the scope of this thesis, there will be an added mixing effect from
the V-tail ruddervators to the vertical stabilizer’s rudder. The rudder will have max deflection of 30° whereas
the ruddervators will deflect to maximum rudder part of 5° linearly with the rudder. This mixing effect must
be included in yaw maneuver calculations.
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3.8

Gust Loads

Gust loads will be considered for the aircraft at all vertices of the Gust Diagram formulated in Section 3.2.
At each point, the horizontal tail load due to the gust will be added to the total calculated vertical tail gust
load along with the aircraft loads found in CEA-3D by combination of angle-of-attack and load factor.
Per CS-23.425, each horizontal surface other than a main wing must be designed for loads resulting from
gust velocities specified in CS-23.333c with flaps retracted and positive and negative gusts of 7.62

𝑚
𝑠

nominal

intensity at 𝑉𝐹 corresponding to the flight conditions specified in CS-23.345a2. It also states that Equation
3-32 can be used to calculate the incremental load due to the gusts.

Δ𝐿ℎ𝑡 =

𝜌0 ∙ 𝑘𝑔 ∙ 𝑈𝑑𝑒 ∙ 𝑉 ∙ 𝑎ℎ𝑡 ∙ 𝑆ℎ𝑡
𝜕𝜀
(1 − ( ) )
2
𝜕𝛼 𝑀

3-32

Wherever required, the V-tail projection onto the horizontal plane will be used. 𝑎ℎ𝑡 , the lift coefficient slope
of the horizontal tail, is as calculated in the control surface effectiveness section for the horizontal component
𝜕𝜀

of the tail, ( ) is calculated in the downwash factor section, and 𝑘𝑔 and 𝑈𝑑𝑒 are discussed in the Gust
𝜕𝛼 𝑀

Diagram section. From these input parameters, as documented in Table 3-7, the incremental load can be
calculated for the various boundaries of the Gust Diagram. As the horizontal projection of the V-tail is used
for these horizontal gust loads, these loads will be added to the loads that arise from the vertical projection.
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Table 3-7: Horizontal Tail Gust Loads Parameters
Parameter

Variable

Air density at sea-level

𝜌0

Gust alleviation factor

𝑘𝑔

Derived Gust Velocity

𝑈𝑑𝑒

Aircraft Equivalent Speed

𝑉

Tail 𝑪𝑳 𝜶

𝑎ℎ𝑡

Area of aft horizontal tail

𝑆ℎ𝑡

Downwash factor

(

𝜕𝜀
)
𝜕𝛼 𝑀

For the problem of gust loads on the vertical tail, the entire vertical surface gust load can be calculated via
Equation 3-33, extracted from CS-23.443, where each parameter is defined in Table 3-8. These vertical loads
will be calculated for both the vertical stabilizer, and the vertical projection of the V-tail. The vertical
projection V-tail loads will be added to the horizontal loads determined previously.

𝐿𝑣𝑡 =

𝜌0 𝐾𝑔𝑡 𝑈𝑑𝑒 𝑉𝑎𝑣𝑡 𝑆𝑣𝑡
2

3-33

Table 3-8: Vertical Tail Gust Loads Input Parameters
Parameter

Variable

Air density at sea-level

𝜌0

Gust alleviation factor

𝐾𝑔𝑡

Derived Gust Velocity

𝑈𝑑𝑒

Aircraft Equivalent Speed

𝑉

Vertical Tail 𝑪𝑳 𝜶

𝑎𝑣𝑡

Area of vertical surface

𝑆𝑣𝑡
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3.9

Landings and Ground Loads

The aircraft has retractable main landing gear, with two points of contact under the wing, and an always-out
tail castor wheel directly under the vertical stabilizer. To provide loads for future landing gear design, the
level landing, tail-down landing, one-wheel landing, sideload, and braked roll conditions will be analyzed.

3.9.1

Level Landing

The first landing to examine is the case of the level landing. In a level landing, the aircraft’s attitude is level,
so in the landing configuration of the TP Racer, only the main wheels initially react with the ground. From
CS-23.473g, the minimum inertia load factor used for design purposes is 2.67. This value will be used until
a more detailed landing gear is designed after the conclusion of this thesis. CS-23.473e states that a wing lift
of two-thirds the weight of the aircraft can be assumed throughout the landing impact (𝐿). Additionally, it is
written in CS-23.1 Appendix C that the 𝐾 factor for light aircraft can be estimated as 0.25. CS-23.1 Appendix
C also details the formulas for loads on each wheel and on the CG of the aircraft as is shown in Figure 3-9
and tabulated in Table 3-9.

Figure 3-9: Level Landing Diagram
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Table 3-9: Level Landing Equations
Condition

Equation
𝑛𝑊

CG: Vertical Component

𝐾𝑛𝑊

CG: Fore and Aft Component

0

CG: Lateral Components

(𝑛 − 𝐿)𝑊

Main Wheels (Both Wheels): Vertical

𝐾𝑛𝑊

Main Wheels (Both Wheels): Drag

0

Tail Wheel

3.9.2

Tail Down Landing

The next landing to examine is the tail down landing. In a tail down landing, the aircraft simultaneously lands
on the main wheels and the tail wheel. In this case, the load is distributed on the wheels according to Equations
3-34 and 3-35 and Figure 3-10. Note that the max case occurs when the horizontal component of the reaction
force on the main wheels is zero [17]. The vertical load at the center of mass is equal to the inertia load factor
multiplied by the weight of the aircraft. An inertia load factor of 2.67 will be used as was done for the level
landing.

(𝑅𝑀 )𝑚𝑎𝑥 =

1 𝑏 + 𝜇ℎ
𝑛 𝑊
2 𝑎+𝑏 𝑔

3-34

𝑎
𝑛 𝑊
𝑎+𝑏 𝑔

3-35

(𝑅𝑇 )𝑚𝑎𝑥 =
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Figure 3-10: Tail Down Landing Diagram

3.9.3

One Wheel Landing

CS-23.483 states that the case where a single main wheel contacts the ground first under a level landing must
be analyzed. To do so, the effective weight of the aircraft must first be found. The effective weight is related
to the actual total aircraft weight and the rolling acceleration and inertia of the aircraft as the aircraft rotates
to land on its other wheels. The below equation calculates the effective weight, with 𝑡 representing the
forward distance from the one landing wheel and the center of mass, 𝑙 representing the lateral distance to the
center of mass, and 𝑘 representing the radius of gyration in each respective axis.

𝑊′ =

𝑊
𝑙2 𝑡 2
1+ 2+ 2
𝑘𝑦 𝑘𝑥

3-36

Until a more detailed mass distribution on the aircraft is found, the radii of gyration will be estimated via
Equations 3-37 through 3-40 taken from Aircraft Design: A Conceptual Approach by D. Raymer [18].
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𝐼𝑥𝑥 =

𝐼𝑦𝑦 =

𝐼𝑧𝑧 =

𝑏2 𝑊𝑅𝑥2
4𝑔

3-37

𝐿2 𝑊𝑅𝑦2
4𝑔

3-38

𝑏+𝐿 2
( 2 ) 𝑊𝑅𝑧2
4𝑔

𝐼𝑘𝑘
𝑘𝑘𝑘 = √
𝑚

3-39

3-40

This effective weight is then used in Equation 3-34 to calculate the vertical one-wheel load. The vertical
component at the center of mass is equal to the inertia load factor multiplied by this effective weight. This
landing case is shown in Figure 3-11.

Figure 3-11: One Wheel Landing Diagram
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3.9.4

Sideload

CS-23.485 states the equations for maximum sideloads on the main wheels after a level landing. Additionally,
sideloads on the tail wheel are found via CS-23.497b.2. These equations are displayed in Figure 3-12 and
tabulated in Table 3-10.

Figure 3-12: Landing Sideload Diagram

Table 3-10: Landing Sideload Equations
Condition

Equation

Vertical Load on Wheel A

1.33 ∙

𝑊
2

Vertical Load on Wheel B

1.33 ∙

𝑊
2

Side Load on Inboard Wheel

0.83 ∙

𝑊
2

Side Load on Outboard Wheel

0.83 ∙

𝑊
3

Vertical Load on Tail Wheel

𝑎
∙𝑊
𝑎+𝑏

Side Load on Tail Wheel

𝑎
∙𝑊
𝑎+𝑏
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3.9.5

Braked Roll

Per CS-23.493, under braked roll conditions, the limit vertical load factor is 1.3 and the drag reaction is equal
to the vertical reaction at the wheels multiplied by a coefficient of friction of 0.8. This value must not exceed
braking torque and should be checked once a braking system is designed. These braked-roll equations are
shown in Figure 3-13 and documented in Table 3-11.

Figure 3-13: Braked Roll Diagram

Table 3-11: Braked-Roll Equations
Condition

Equation

Vertical Load on Wheel A

1.33 ∙

𝑊
2

Vertical Load on Wheel B

1.33 ∙

𝑊
2

Braking Load on Wheel A at Brake Location

0.8 ∙ 1.33 ∙

𝑊
2

Braking Load on Wheel B at Brake Location

0.8 ∙ 1.33 ∙

𝑊
2
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3.9.6

Wheel Spin-Up Loads Consideration

Per CS-23.479b, the drag components simulating the forces required to accelerate the wheels up to the
landing speed must be combined with the vertical loads acting on the wheels during landing. In the absence
of specific tests or a more rational analysis for determining these wheel spin-up and spring-back loads, the
values from CS-23.1 Appendix D can be used. These loads would replace the drag components in the landing
conditions if they were of higher value. This will not be investigated for the TP Racer until the landing gear
has a more detailed design after the conclusion of this thesis, thus the loads from the prior sections will be
used for this document.
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3.10

Engine Loads

The TP Racer will use a PT6A-68D engine. First, the take-off engine parameters, namely 𝑅𝑃𝑀, thrust, and
torque, are found from the engine manufacturer. Next, the propeller diameter is estimated by ensuring the
tips of the propellers do not exceed a certain Mach number, in this case a Mach of 0.8, utilizing Equations
3-41 through 3-44 with the engine’s 𝑅𝑃𝑀.
𝑅𝑒𝑣𝑜𝑙𝑢𝑡𝑖𝑜𝑛𝑠
𝑅𝑃𝑀
=𝑛=
𝑆𝑒𝑐.
60
𝐴𝑛𝑔𝑢𝑙𝑎𝑟 𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦 = 𝜔 = 𝑛 ∙ 2𝜋
𝑓𝑡
𝐷𝑜 𝑁𝑜𝑡 𝐸𝑥𝑐𝑒𝑒𝑑 𝑆𝑝𝑒𝑒𝑑 = 𝑉𝐷𝑁𝐸 = 𝑀𝑎𝑐ℎ𝐷𝑁𝐸 ∙ 1125 [ ]
𝑠𝑒𝑐
𝑃𝑟𝑜𝑝𝑒𝑙𝑙𝑒𝑟 𝑅𝑎𝑑𝑖𝑢𝑠 =

𝑉𝐷𝑁𝐸
𝜔

3-41

3-42

3-43

3-44

Now, the possible coefficient of thrusts can be found by examining the charts from NACA Technical Report
640. The chart for all blade configurations from NACA Technical Report 640 is shown in Figure 3-14 [19].

Figure 3-14: Coefficient of Thrust for Different Blade Counts (From [19], Figure 33)
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As the TP Racer will have a variable pitch propeller, the highest thrust coefficient case is of interest. This
case lies near to 0.06

𝐶𝑡

. For the max case, a two-blade configuration will be used. Thus, 𝐶𝑡 is

𝑛𝑢𝑚𝑏𝑒𝑟 𝑜𝑓 𝑏𝑙𝑎𝑑𝑒𝑠

0.12. Equipped with the thrust coefficient and the blade diameter, Equation 3-45, copied from NACA TR640,
can be rearranged to find the effective thrust from the engine on takeoff.

𝐶𝑇 =

𝑇𝐶
𝜌𝑛2 𝐷 4
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3-45

4

LOAD DETERMINATION RESULTS

Aircraft performance characteristics, loads, and load distributions have been determined utilizing the methods
described in Chapter 3. These results are presented as calculation of the following:
•

V-n and Gust Diagrams

•

Lift Coefficients and Control Surface Effectiveness

•

Balancing Load Distributions

•

Pitching Maneuvers Load Distributions

•

Rolling and Yawing Maneuvers Load Distributions

•

Gust Loads

•

Landing and Ground Loads

•

Engine Loads

Each load distribution has corresponding documentation in the loads report Aircraft Loads for a World
Speed Record-Breaking Turbo-Prop Racing Airplane [20]. Each of these documented maneuvering loads
distributions contain a visualization of the load distribution across each aircraft surface, a breakdown of
wing versus tail loads, a shear-moment-torsion diagram across each surface, and finally a table of
coordinates, loads, and moments for use in future finite element analyses. This loads report complements
this thesis by containing the exhaustive results of the maneuvering loads calculations and allowing this
thesis to present tables of results outside of the maneuvers, analyze the results of the maneuvering loads,
and provide a maneuvering loads summary.
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4.1

V-n and Gust Diagrams

The V-n and Gust Diagrams are created per Section 3.2. From aircraft design decisions prior to the beginning
of this thesis, the values in Table 4-1 are estimated.
Table 4-1: Main Wing Aerodynamic Geometry Estimates
Variable

Symbol

Value

Units

Wing Planform Area

𝑆

5.75

𝑚2

Span of Wing

𝑏

6.44

𝑚

Aircraft Weight

𝑊

11575

𝑁

𝐶𝑟𝑜𝑜𝑡

1.080

𝑚

Mean Geometric Chord of Wing

𝐶̅

0.744

𝑚

Max Lift Coefficient of Aircraft

𝐶𝑙 𝑚𝑎𝑥

1.25

Root Chord of Wing

𝐶𝑙 𝑚𝑎𝑥

Max Lift Coefficient of Aircraft with Flaps

𝑓𝑙𝑎𝑝𝑠

1.8

Setting the load factor to one at the stall boundary gives the below values for stall speed.
𝑚
)
𝑠
𝑚
𝑉𝑆𝐹 = 83 𝑘𝑡𝑠 (42.7 )
𝑠

𝑉𝑆 = 100 𝑘𝑡𝑠 (51.4

In this case, the value for 𝑉𝐹 from the equation 1.8𝑉𝑆𝐹 is the highest 𝑉𝐹 option and is thus chosen.
𝑉𝐹 = 149 𝑘𝑡𝑠 (76.86

𝑚
)
𝑠

The maximum maneuvering speeds are presented as the below values.
𝑚
)
𝑠
𝑚
𝑉𝐴− = 182 𝑘𝑡𝑠 (93.58 )
𝑠
𝑚
𝑉𝐴 +
= 203 𝑘𝑡𝑠 (104.62 )
𝐹
𝑠
𝑚
𝑉𝐴 𝑓− = 152 𝑘𝑡𝑠 (77.98 )
𝑠
𝑉𝐴+ = 244 𝑘𝑡𝑠 (125.55
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The cruise speed arises as 90% of the steady-level-flight speed under maximum power as presented below.
𝑚
)
𝑠
𝑚
𝑉𝐶 = 430 𝑘𝑡𝑠 (221.2 )
𝑠

𝑉𝐻 = 478 𝑘𝑡𝑠 (245.85

Equation 3-4 yields the minimum cruise speed as presented below.

𝑉𝐶𝑚𝑖𝑛 = 208 𝑘𝑡𝑠 (107

𝑚
)
𝑠

Finally, Equation 3-6 yields the dive speed shown below, which is the max speed for which loads will be
calculated.

𝑉𝐷 = 538 𝑘𝑡𝑠 (276.7

𝑚
)
𝑠

These speeds and load factors are combined into the V-n Diagram as shown in Figure 4-1.

Figure 4-1: V-n Maneuvering Envelope
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Next, the Gust Diagram is calculated utilizing the method described in Section 3.2. The Gust Diagram inputs
from geometric properties and regulation constants are documented in Table 4-2.
Table 4-2: Gust Load Factor Inputs

Parameter

Variable

Value

Units

15.24 (Cruise)

𝑚
𝑠
𝑘𝑔
𝑚3
𝑘𝑔
𝑚3
𝑚
𝑚
𝑠2
𝑁

Derived Gust Velocities from CS-23.333(c)

𝑈𝑑𝑒

Air density at sea level

𝜌0

1.225

Air density at considered altitude

𝜌̅

1.225

Mean Geometric Chord

𝐶̅

0.88

Acceleration due to gravity

𝑔

9.81

Weight

𝑊

11575

Wing Area

𝑆

5.66

Aircraft applicable speed

𝑉

Variable

Wing Lift curve slope (𝑪𝑳 𝜶 )

𝑎

5.1

7.62 (Dive)

𝑚2
𝑚
𝑠
1
𝑟𝑎𝑑

These inputs, speeds, and load factors are combined to create the Gust Diagram as shown in Figure 4-2.

Figure 4-2: V-n Gust Envelope

The velocity and load factors of the vertices of each boundary of the V-n and Gust Diagrams are documented
in Appendix A.
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4.2

Lift Coefficients, Control Surface Effectiveness, and Downwash Results

Through Etkin’s method presented in Section 3.3.2, the lift coefficients are found. Plotting the values
dependent on Mach against the Mach number for the wing gives rise to the trends apparent in Figure 4-3.

Figure 4-3: Wing CL vs. Mach

The ratio between 𝐶𝐿 𝛼 and 𝐶𝐿 𝛼

𝑀𝑎𝑐ℎ

for the wing is of importance when calculating downwash. 𝐶𝐿 𝛼 can be

found for the wing using Equation 3-22 for a Mach number of zero.
1
𝐶𝐿 𝛼 = 5.1 [
]
𝑟𝑎𝑑
In a similar fashion, these derivatives can be found for the V-tail and for the vertical stabilizer by changing
some of the input parameters. Table 4-3 lists all lift coefficient derivatives with respect to angle of attack, 𝛼,
for each surface. All control surfaces’ lift effectivenesses are then calculated and tabulated in Table 4-4.
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Table 4-3: Wing Lift Coefficient Derivatives
𝑪𝒍 𝜶 [

Surface

𝟏

𝒓𝒂𝒅

]

𝑪𝑳 𝜶 [

𝟏
𝒓𝒂𝒅

Wing

6.5

5.1

V-tail

6.3

3.7

Horizontal V Projection

6.3

3.2

Vertical V Projection

6.3

2.7

Vertical Stabilizer

5.8

2.1

]

Table 4-4: Control Surface Lift Effectiveness Derivatives Calculated with Etkin
Parameter
𝑪𝒍 𝜹

𝟏

𝟏

𝟏

𝟏

𝟏

𝟏

𝟏

𝟏

Flap [𝒓𝒂𝒅] (𝒅𝒆𝒈)

Aileron [𝒓𝒂𝒅] (𝒅𝒆𝒈)

Ruddervator [𝒓𝒂𝒅] (𝒅𝒆𝒈)

Rudder [𝒓𝒂𝒅] (𝒅𝒆𝒈)

3.40 (0.0593)

2.88 (0.0503)

3.27 (0.0571 )

3.4 (0.0593)

Then, the numerical method as described in Section 3.3.4 is examined. Numerically calculated effectiveness
for each control surface is tabulated in Table 4-5.
Table 4-5: Control Surface Effectiveness Derivatives Calculated Numerically
𝟏

𝟏

𝟏

𝟏

𝟏

𝟏

𝟏

𝟏

Flap [𝒓𝒂𝒅] (𝒅𝒆𝒈)

Aileron [𝒓𝒂𝒅] (𝒅𝒆𝒈)

Ruddervator [𝒓𝒂𝒅] (𝒅𝒆𝒈)

Rudder [𝒓𝒂𝒅] (𝒅𝒆𝒈)

𝑪𝒍 𝜹

3.66 (.0639)

3.16 (0.0552 )

3.56 (.0621 )

3.72 (.0649)

𝑪𝒎 𝜹

-0.67 (-.0117)

-0.62 (-.0108)

-0.63 (-.0110)

-0.66 (-.0115)

Parameter

Comparing these results for the lift derivative with the Etkin values, the numerical values are between 7%
and 9% different. The numerically determined values all show a slightly higher value than those found
utilizing Etkin’s method which could be from their idealization vs. Etkin’s wind tunnel data. As Etkin’s
method values are supported by these numerical ones, the values found via Etkin’s method will be chosen to
represent the control effectiveness since they are based off experimental data and not simulation. Since the
numerical method for calculating 𝐶𝑙 𝛿 is supported by Etkin’s method, a decision has been made to use the
numerical method’s values for the moment coefficient derivatives.
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To conclude the initial problem formulation, the downwash is calculated through the method stated in section
3.3.5. Assuming the aerodynamic center of the MAC is located at the quarter-chord, the below values are
calculated from the trapezoidal geometry approximation for 𝑙𝐻 and ℎ𝐻 .
𝑙ℎ = 3.41 [𝑚]

ℎℎ = 0.91 [𝑚]
This results in the data summary presented in Table 4-6. At Mach, the downwash derivative is adjusted using
the ratio of the lift curve with the lift curve at Mach shown in Figure 4-3 as stated in Equation 3-27.
Table 4-6: Downwash Results
Parameter

Value

𝑲𝑨

0.095

𝑲𝝀

1.033

𝑲𝑯

0.917

𝝏𝜺
𝝏𝜶

0.253
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4.3

Balancing Loads

The balancing loads have been found through the method described in Section 3.5. Results of finding the
angle-of-attack per load factor and the balancing deflections for each case of interest are shown in Table 4-7.
Table 4-7: Ruddervator Trims per Load Case
Speed

𝒎

Velocity [ ]
𝒔

Flight Condition
𝜶 [𝒅𝒆𝒈. ]

Load Factor

𝜹 [𝒅𝒆𝒈. ]

Label

--------------------------------------------------

No Flaps

--------------------------------------------------

𝑽+
𝑺

51.2

1

13.43

-11.18

𝑽−
𝑺

54.0

-1

-12.69

12.00

𝑽−
𝑨

93.6

-3

G

-12.69

12.00

𝑽+
𝑨

125.5

6

A

13.43

-11.18

𝑽+
𝑨

125.5

1

1.83

-2.12

𝑽𝑪

221.3

6

3.89

-3.89

𝑽𝑪

221.3

3.8

2.29

-2.54

𝑽𝑪

221.3

-1.8

-1.72

1.10

𝑽𝑪

221.3

-3

C

-2.56

1.89

𝑽𝑫

276.6

-1

E

-0.91

0.36

𝑽𝑫

276.6

3

0.94

-1.33

𝑽𝑫

276.6

6

2.34

-2.57

------------------------------------------------

B

D
With Flaps

------------------------------------------------

𝑽𝑺 +
𝑭

42.7

1

20.01

-15.61

𝑽𝑨,𝑭

60.2

2

20.09

-15.69

𝑽𝑭

76.9

1

5.46

-5.17

𝑽𝑭

76.9

2

11.50

-9.83

F

One way to validate these results is to chart the angles of attack required to reach a load factor of one or six
over many different speeds. The results should look smooth and approximate the curve defined by the lift
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equation. Plotting

1
𝑉2

vs. 𝛼 for a load factor of one shows a linear trend in Figure 4-4 as it should. Similarly,

the same trend appears for the load factor of six as shown in Figure 4-5.

Figure 4-4: 1G Angle-of-Attack vs. Velocity

Figure 4-5: 6G Angle-of-Attack vs. Velocity
Dividing the slope of the 6G case by the slope of the 1G case gives 6.02, theoretically this should be
exactly six, supporting the trend as accurate.
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To analyze the effect of ruddervator deflection on the aircraft, when the ruddervators are large enough to
balance the aircraft, the required trim at various speeds at load factor one is charted in Figure 4-6. The trend
resembles the trend for other aircrafts’ ruddervator deflection at velocity, giving credence to the results
[21].

Figure 4-6: 1G Trim Deflections at Velocity
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4.4

Pitching Maneuvers Results

The pitching maneuvers were calculated through the method described in Section 3.6. First the unchecked
maneuvers were calculated. For case one, the aircraft is flying at load factor one at 𝑉𝐴+ which requires an
angle-of-attack of 1.82°. Then, a sudden deflection of the ruddervators to +30° is activated. The
corresponding load distribution is documented as unchecked_1 in the loads report. For case two, the aircraft
is flying at load factor six at 𝑉𝐴 which requires an angle-of-attack of 13.43° and ruddervator trim. Then, a
sudden deflection of the ruddervators to −30° is activated. The corresponding load distribution is
documented as unchecked_2 in the loads report. For case three, the aircraft is flying at load factor one at 𝑉𝐴
which requires an angle-of-attack of 1.82° and ruddervator trim. Then, a sudden deflection of the
ruddervators to −30° is activated. The corresponding load distribution is documented as unchecked_3 in the
loads report. Finally, for case four, the aircraft is flying at a load factor of negative three at -𝑉𝐴 which requires
an angle-of-attack of −12.69° and ruddervator trim. Then, a sudden deflection of the ruddervators to +30°
is activated. The corresponding load distribution is documented as unchecked_4 in the loads report. The
sudden deflection of the ruddervators in an unchecked maneuver induces a large bending moment on the
fuselage and large twisting moment on the V-tail.
Then the checked maneuvers were calculated. The resulting incremental tail loads are to be applied uniformly
across the horizontal tail surfaces. These results are documented in Table 4-8.
Table 4-8: Checked Maneuver Results
Initial Condition

Final Condition

𝚫𝑷 [𝑵]

A1

A

-13300

A

A1

13300

A1

G

10640

G

A1

-10640

D1

D

-13300

D

D1

13300

D1

E

5321

E

D1

-5321
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4.5

Rolling and Yawing Maneuvers Results

The rolling maneuvers were calculated as described in Section 3.7. The first two rolling maneuvers calculated
are the generic rolling maneuvers, calculated via CEA-3D and respectively documented in the appendix as
Rolling Condition 1 and Rolling Condition 2 in the loads report. Then the four rolling maneuver cases are
examined.
Case one, at speed 𝑉𝐴 , requires angle-of-attack 8.66° and ruddervator deflection −7.72° to balance at the
specified load factor and speed. Then ailerons are set to maximum deflection. This load distribution is
recorded as max_roll_Va in the loads report. The rolling moment of zero at 𝑉𝐴 with aileron deflection of
+30° case corresponds with an angular velocity of 572

°
𝑠𝑒𝑐

. This load distribution is documented as

max_roll_Va_with_angularV in the loads report. Case two occurs at 𝑉𝐶 , balancing requires an angle-of-attack
of 2.42° and a ruddervator deflection of −2.61°. The required aileron deflection at 𝑉𝐶 to meet the roll rate of
case one is found to be about 16.7°. This case is recorded as max_roll_Vc_with_angularV in the loads report.
Then, the angular velocity is set to zero to show the maximum acceleration case and documented as
max_roll_Vc in the loads report. Finally, case three occurs at 𝑉𝐷 . Balancing requires angle-of-attack and
ruddervator deflection of 1.42° and −1.75° respectively. Matching one-third the roll-rate of case one requires
an aileron deflection of 13.32°. As was done for case two, case three’s load distributions are documented as
max_roll_Vd and max_roll_Vd_with_angularV in the loads report. These rolling maneuvers induce a large
twisting moment on the main wing and are the critical case for certain sections of the wing.
Then, the yaw maneuvers were calculated through the method described in Section 3.7. The angle-of-attack
at 𝑉𝐴 required to meet 1G is 1.8° with a trim of −2.12°. The first yaw maneuver case is documented as
Max_Yaw_VA_beta_0 in the loads report. The second yaw maneuver case is documented as
Max_Yaw_VA_beta_max in the loads report. The sudden ruder deflection induces large shear, bending
moments, and twisting moments on the vertical stabilizer and is the critical load case for sections of the
vertical stabilizer.
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4.6

Gust Loads Results

By the method described in Section 3.8, the horizontal projection of the V-tail has horizontal incremental
gust loading as described by Figure 4-7, the vertical projection of the V-tail has total gust loading as described
by Figure 4-8, and the vertical stabilizer has total gust loading as described by Figure 4-9.

Figure 4-7: Incremental Horizontal V-tail Loads from Gusts

Figure 4-8: Vertical V-Tail Load under Gusts vs. Velocity
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Figure 4-9: Vertical Stabilizer Load under Gusts vs. Velocity

To find the each of the total gust loadings on the aircraft, the gust loading is defined as the horizontal
incremental loads on V-tail in addition to the total vertical load on the vertical stabilizer and V-tail at the
various boundaries of the Gust Diagram. This can be summarized into the following cases:
1.

𝑉𝐶 , at the max gusts load factor load distribution with added tail gust loads. This load case is
documented as max_gusts_VC_pos and max_gusts_VC_neg in the loads report.

2.

𝑉𝐷 , at the max gusts load factor load distribution with added tail gust loads. This load case is
documented as max_gusts_VD_pos and max_gusts_VD_neg in the loads report.

3.

𝑉𝐹 , at the max gusts load factor load distribution with flaps with added gust loads. This load case
is documented as max_gusts_VF in the loads report.

The gust loads most affect the V-tail and are a critical case to analyze in shear and bending of the V-tail.
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4.7

Load Distributions Summary with Shear, Moment, and Torsion Diagrams

To design structural components for the TP Racer, the aircraft loads will be translated into internal structural
element loads. The first step in doing this is to convert the three-dimensional body forces and moments into
shear, moment, and torsion diagrams across each lifting surface. To do so, the trapezoidal panels that
correspond to the wing, V-tail, and vertical stabilizer are separated. Then, the distance from the root of each
lifting surface is found by taking the vector norm of the 𝑌 and 𝑍 components of each panel’s center location
and subtracting the minimum value to tare the root of each surface at zero. Then, each panel’s normal vector
and span-wise vector is found. The span-wise vector is found by swapping the 𝑌 and 𝑍 components of the
normal vector and multiplying the new 𝑍 component by negative one. The vertical force on each panel is
found by then taking the dot product of each panel’s body force and normal vector. Then, the shear
distribution is found by taking a cumulative sum of all vertical forces from the surface tip to the root. The
bending moment distribution is found by taking the cumulative sum of the vertical force vectors multiplied
by the lever arms from the tip to each station considered. Each panel’s resultant twisting moment is found in
a similar way to the bending moment but utilizing the lever arms to the center of mass in the 𝑋 direction and
utilizing the span-wise vector instead of the normal vector. These twisting moments induced by lift are added
to the aerodynamic twisting moments that CEA-VLM calculates. Since the torsion on each structural element
is analyzed to induce a shear load, only the maximum of the positive or negative torsion cases are charted.
Then, all load cases can be enveloped for both the left and right sides of each surface into the maximum
positive and negative shear and bending, and maximum torsion as shown in Figure 4-10, Figure 4-11, and
Figure 4-12 for each lifting surface. For preliminary structural calculations, each enveloped force or moment
will be considered to act independently on each structural element’s sections and the enveloped cases can be
used with appropriate care; however, in later high-fidelity models, taking the independent loads from each
envelope as the only load case for each element would be misleading. Instead, each load case should be
analyzed separately to see the interaction of the shear, bending, and twisting loads.
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Figure 4-10: Wing Enveloped Loads

Figure 4-11: V-tail Enveloped Loads
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Figure 4-12: Vertical Stabilizer Enveloped Loads

Separating the envelopes helps to identify which load cases are critical on each component. The shear,
bending moment, and torsional moment diagrams for each surface are shown in Figure 4-13 for the wing,
Figure 4-14 for the V-tail, and Figure 4-15 for the vertical stabilizer It is quite apparent that each component
sees max stresses in diverse ways under different load cases. For example, the V- tail sees a maximum
positive torsional moment under the unchecked_2 case, but experiences maximum shear and bending moment
under the unchecked_1 load case, and maximum negative shear and bending moment under the unchecked_3
load case. This goes to show that analyzing the maximum and minimum enveloped loads is important when
analyzing each structural element of each lifting surface separately, but when analyzing the aircraft as a
whole, a multitude of load cases must be tested to determine the “critical” load cases. It is also important to
mention that because the vertical stabilizer is symmetric, the maximum positive and negative loads charted
in Figure 4-15 apply to both sides of the surface across the plane of symmetry.
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Figure 4-13: Wing Load Case Results

60

Figure 4-14: V-Tail Load Case Results
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Figure 4-15: Vertical Stabilizer Load Case Results

62

4.8

Landing and Ground Loads Results

The loads that arise from a level landing as described in Section 3.9.1 are tabulated in Table 4-9.
Table 4-9: Level Landing Loads
Load [𝑵]

Condition
CG: Vertical Component

30900

CG: Fore and Aft Component

7726

CG: Lateral Components

0

Main Wheels (Both Wheels): Vertical

23189

Main Wheels (Both Wheels): Drag

7726

Tail Wheel

0

Next, the tail-down landing is calculated through the method described in Section 3.9.2 and utilizing a ground
reaction force of two from CS-23.473g, a mass of 11580 𝑁, a coefficient of friction of 0.8, a distance 𝑎 of
0.3 𝑚. A distance 𝑏 of 4.0 𝑚, and a distance ℎ of 1.4 𝑚. These landing loads are computed and tabulated in
Table 4-10.
Table 4-10: Tail Down Landing Loads
Load [𝑵]

Condition
CG: Vertical Component

30900

CG: Fore and Aft Component

0

CG: Lateral Components

0

Main Wheels (Both Wheels): Vertical

27561

Main Wheels (Both Wheels): Drag

0

Tail Wheel: Vertical

1615

Tail Wheel: Drag

0

The one-wheel landing will be calculated per the method described in Section 3.9.3. First the radii of gyration
are estimated utilizing the normalized radii of gyration. For a single-engine propeller aircraft, 𝑅𝑥 is estimated
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as 0.25, 𝑅𝑦 as 0.38, and 𝑅𝑧 as 0.39. Using the length of the aircraft and the span of the main wing, the TP
Racer is estimated to have radii of gyration 𝑘𝑥 of 0.85 𝑚, 𝑘𝑦 of 1.30 𝑚, and 𝑘𝑧 of 1.33 𝑚. Using an 𝑙 of
1.4 𝑚, and a 𝑡 of 0.3 𝑚, the aircraft has an effective weight of 5068 𝑁 on the one-wheel landing. This
effective weight is used to calculate the vertical loads on the wheel and center of mass. Both these loads are
tabulated in Table 3-10. Next, the sideloads are calculated per Section 3.9.4. These loads are documented in
Table 4-12. Finally, the braked roll loads are calculated per Section 3.9.5. These braked-roll loads are
documented in Table 4-13.
Table 4-11: One-Wheel Landing Loads
Load [𝑵]

Condition
Vertical Load on One Main Wheel

6035

Vertical Load at Center of Mass

13532

Table 4-12: Landing Sideloads
Condition

Load [𝑵]

Vertical Load on Inboard Wheel

7697

Vertical Load on Outboard Wheel

7697

Side Load on Inboard Wheel

4804

Side Load on Outboard Wheel

3170

Vertical Load on Tail Wheel

808

Side Load on Tail Wheel

808

Table 4-13: Braked-Roll Loads
Load [𝑵]

Condition
Vertical Load on Wheel A

7697

Vertical Load on Wheel B

7697

Braking Load on Wheel A at Brake Location

6158

Braking Load on Wheel B at Brake Location

6158
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4.9

Engine Loads Results

To find the loads induced on the airframe by the engine, the analysis described in Section 3.10 will be
conducted on the TP Racer. The take-off engine parameters for the PT6A-68D engine at sea level are listed
in Table 4-14 [22].
Table 4-14: PT6A-68D Engine Parameters
Parameter

Variable

Value

Units

𝐸𝑆𝐻𝑃

1691

𝐻𝑃

𝑆𝐻𝑃

1600

𝐻𝑃

𝑇

4202

𝑙𝑏 ∙ 𝑓𝑡

𝑅𝑃𝑀

2000

𝑟𝑜𝑡.
𝑚𝑖𝑛.

𝑊

606

𝑙𝑏𝑠.

Equivalent Shaft
Horsepower
Shaft Horsepower
Torque
RPM
Dry Weight

To ensure the propeller tips do not exceed the specified maximum speed of Mach 0.8, the propeller is
calculated to have a diameter of 8.6 𝑓𝑡 by way of Equation 3-44. Utilizing the charts from NACA TR640
and Equation 3-45, the engine has an effective thrust of 𝑇𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 = 1731 𝑙𝑏. CS-23-361c states that the
limit engine torque for a turbo-prop system to be considered must be 1.25 times the mean torque. Therefore,
when analyzing the max case for the engine on the internal structure of the TP Racer, the torque of 5253 𝑙𝑏 ∙
𝑓𝑡 and thrust of 1731 𝑙𝑏𝑠 will be used.
From CS-23.361, each engine mount and supporting structure must sustain the loads from flight condition
A, 𝑉𝐴 at 𝑛𝑚𝑎𝑥 , combined with the 75% the limit engine torque from takeoff determined in the prior section.
Additionally, it states that the structure must sustain 100% of the limit engine torque from max continuous
power with the condition at A. For turbo-prop engines, CS-23 states that a limit load equal to 1.6 times the
take-off torque must be analyzed for the 1G flight case in case of propeller control system malfunction. The
case that arises from flight condition A combined with 160% the limit engine torque will be taken as the
engine mount limit load to represent the maximum case for this guideline. The engine mount and supporting
structure also must be designed to sustain a side-load. CS-23.363 states that the side-load from the engine is
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not to be less than one-third the limit load factor for flight condition A, or in the case of the TP Racer a load
factor of two. This condition is to be applied independently of any other flight condition.
In total, the load cases to be analyzed from the engine are the combination of effective thrust with the limit
engine torque on every flight condition, then the combination of effective thrust with 160% the limit engine
torque at flight condition A, then the lateral side-load of load factor two independent of flight conditions.
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5

PRELIMINARY STRUCTURAL DESIGN METHODOLOGY

The preliminary TP Racer structural design section of this thesis aims to estimate initial material thicknesses
of all wing and tail spars and skins, as well as the rear fuselage walls. These thickness estimates will provide
the starting point for a high-fidelity finite element model’s (FEM) material thicknesses, and provide a basis
for checking the calculated aircraft loads for accuracy. Although impossible to completely verify the
calculated aircraft loads’ accuracy, checking that the thicknesses calculated using simple analytical methods
are within reason for this type of aircraft gives credibility to the results. For these estimates, each component
will be analyzed independently as if they are sustaining the entirety of the loads they are purpose-built for.
The skin thickness will be defined to take the entirety of the torsional shear stress, the spar shear-webs will
take all the vertical shear, the spar-caps will sustain all the bending moment, and the fuselage will take the
entirety of the load differential of the tail and wing.

5.1

Structural Concept

The TP Racer airframe layout has been conceptually designed outside the scope of this thesis. This section
will summarize the proposed conceptual design thus far, starting with the wing. The main wing has three
spars. The main spar in the center of the wing will be designed to support all of the bending and vertical shear
load of the wing. The main spar is span-wise linear to aid in manufacturing and is tapered in both shear-web
height and top and bottom cap flanges. The trailing-edge spar is located 20% of the chord from the trailingedge to act as a straight hard-point for the control mechanisms and surfaces. The wing OML was designed
with this in mind as the wing is straight along the 20% chord line. The leading-edge spar is primarily for bird
strikes and fuel containment since the high curvature of the leading edge will make that section of the skin
stiff regardless of the spar. The leading-edge spar is designed to be split into two linear parts to follow the
curvature of the wing.
Next, the tail is examined. Each side of the V-tail and the vertical stabilizer have two main spars to sustain
all the bending and vertical shear loads. The front spars are located 20% of the chord away from the leading
edge, and the rear spars are located 20% away from the trailing edge with two extra inches given for control
mechanisms. Both spars are designed to be completely linear from root to tip to aid in manufacturing and to

67

provide a linear hard point for control mechanisms. All rear spars are connected by a rear bulkhead within
the fuselage, and likewise all the front spars are connected by a front bulkhead within the fuselage.
Most of these design points arise primarily from subsystem constraints rather than structural constraints.
Thus, the preliminary structural design proposed in this section will only be in sizing material thicknesses
rather than changing or iterating structural layout. The portion of preliminary structural design that this thesis
covers is illustrated surrounded by red in Figure 5-1.

Figure 5-1: Structural Design and Analysis Process
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5.2

Failure Criteria and Material

Future high-fidelity structural models of the TP Racer will use maximum strain theory to determine
composite failure. For the purposes of preliminary design, any strain after yield will be considered material
failure. Thus, the strain remains in the linear-elastic region and maximum stress theory will provide the same
results as maximum strain theory. Next, to simplify the composite laminate materials used in the final design,
each laminate will be reduced to simply the fundamental materials’ properties. The two materials used will
be a unidirectional fiber, in which load is assumed to act parallel with the fibers and which the max stress is
the ultimate tension or compression strength in the fiber direction, and a bias-weave, in which load is assumed
to act only in shear and the max stress is the ultimate shear stress of the material. Within the preliminary
structural design, it is assumed that each structural element is comprised of entirely one material. These two
materials are tabulated in Table 5-1. For this thesis, only the Young’s Modulus in the 1 direction and ultimate
strengths will be used for the simple structural sizing. All other parameters are either unnecessary in the
methods used or cancel out when determining maximum stress via the methods used.
Table 5-1: Material Properties
Parameter

Unidirectional Material

Bias Material

𝑬𝟏

12.4 𝑀𝑠𝑖

6.4 𝑀𝑠𝑖

𝑬𝟐

1.0 𝑀𝑠𝑖

6.4 𝑀𝑠𝑖

𝑮𝟏𝟐

0.613 𝑀𝑠𝑖

0.29 𝑀𝑠𝑖*

𝝂𝟏𝟐

0.3

0.06

𝝈𝒕𝟏𝒖

150 𝐾𝑠𝑖

56 𝐾𝑠𝑖

𝝈𝒕𝟐𝒖

6 𝐾𝑠𝑖

56 𝐾𝑠𝑖

𝝈𝒄𝟏𝒖

80 𝐾𝑠𝑖

50 𝐾𝑠𝑖

𝝈𝒄𝟐𝒖

25 𝐾𝑠𝑖

50 𝐾𝑠𝑖

𝝈𝟏𝟐𝒚

11 𝐾𝑠𝑖

8.15 𝐾𝑠𝑖

𝝆

1.26E-4 𝐿𝑏𝑓

𝑠𝑒𝑐 2
𝑖𝑛4

1.26E-4 𝐿𝑏𝑓

𝑠𝑒𝑐 2
𝑖𝑛4

*Indicates 0° material direction. ±45° orientation of bias material as will be used in the skins and shear-webs
has a magnitude of 2.9 𝑀𝑠𝑖.
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5.3

Spars and Skins

The spars of each lifting surface will be defined to consist of top and bottom spar-caps and shear-webs. What
is referred to as the skins consists of any secondary spars as well as the outer skins of each surface. The sparcaps, shear-webs, and skins will all be analyzed separately as if they each take the entirety of the bending,
shear, and torsional loads respectively.

5.3.1

Spar Shear Formulation

To simplify the structural design of the wing, it will initially be assumed that all the vertical shear load will
pass through the shear-web of the main spar. The shear-web is assumed to be made entirely of the bias
material. The shear-web has a rectangular cross-section so the shear stress can be found using the equation
below.

𝜏=

3𝑉
2𝐴

5-1

The height of the shear-web is given by the maximum thickness of the airfoil at any chord along the span.
These values are given; thus, the only unknown is shear-web thickness. This evaluation is programmatically
implemented across each surface with loads from CEA-3D.

3𝑉𝑖
)
2ℎ𝑤 𝑖 𝑡𝑤 𝑖
𝜎1 𝑖 =
𝐹𝑂𝑆
(

𝑡𝑤 𝑖 =

5.3.2

3𝑉𝑖
2𝜎𝑦 ∙ 𝐹𝑂𝑆 ∙ ℎ𝑤 𝑖

5-2

5-3

Spar Bending Formulation

A few assumptions are made to calculate the required spar-cap thicknesses in the wing. The first assumption
is that the spar-caps takes all the bending load per lifting surface. This assumption is reasonable as the
moment of inertia of the spar-caps is much higher than that of the skins, shear-webs, or leading and trailing
spars. The other structural components will add stiffness that will be examined once a more detailed model
is created. The second assumption is that the composite laminate material acts similar to an isotropic material
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when in pure bending. This means that when calculating strain in the main spar as a beam, the stiffness will
simply be 𝐸1 , with no coupling effects in the y direction, or from shear and curvature. The idealized cross
section of the main spar-caps and shear-web is shown in Figure 5-2. It is known that the spar-caps will be
predominantly the unidirectional material to be most effective in bending whereas the shear-webs are
comprised primarily of the bias material. Thus, since 𝐸𝑐 ≫ 𝐸𝑤 , only the spar-caps are analyzed. Additionally,
the lengths and thicknesses of the web and flanges will be varied along the span of each lifting surface.

Figure 5-2: Spar Cross Section Idealization

The optimal thicknesses of the spar-caps and shear-web will be calculated per section outputted from CEA3D as follows. From Advanced Mechanics of Materials and Applied Elasticity, by A. Ugural and S. Fenster,
the location of the neutral axis of the beam can be determined as shown in the following method [23].
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First, the areas of each section are found as functions of their parameters.

𝐴
𝑙 ∙𝑡
[ 𝑡] = [ 𝑡 𝑡 ]
𝐴𝑏
𝑙𝑏 ∙ 𝑡𝑏

5-4

Next, the locations to the centers of each area are found, with the base of the section as reference as shown
in Figure 5-2.

𝑡𝑡
+ 𝑙𝑤 + 𝑡𝑏
𝑦̅
]
[𝑦̅𝑡 ] = [ 2 𝑡
𝑏
𝑏
2

5-5

Finally, the distance to the neutral axis can be found as below.

𝑦̅ =

𝐴𝑡 𝑦̅𝑡 + 𝐴𝑏 𝑦̅𝑏
𝐴 𝑡 + 𝐴𝑏

5-6

Now that the neutral axis is found for the cross-section, the moments of inertia for each section about the
neutral axis should be found. As each of the three sections are rectangles, the parallel axis theorem makes
calculation simple.

𝐼𝑥 = 𝐼𝑥𝑐 + 𝐴𝑑 2
𝐼𝑥𝑐 =

1
𝑏ℎ3
12

1
𝑙𝑡 𝑡𝑡3 + 𝐴𝑡 (𝑦̅𝑡 − 𝑦̅)2
𝐼𝑡 𝑥
12
]
[ ]=[
𝐼𝑏 𝑥
1
𝑙𝑏 𝑡𝑏3 + 𝐴𝑏 (𝑦̅𝑏 − 𝑦̅)2
12
𝐼𝑡𝑜𝑡𝑎𝑙 = 𝐼𝑡 𝑥 + 𝐼𝑏 𝑥
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5-7

5-8

5-9

5-10

With the total moment of inertia found, the bending stress in each section can be calculated. Note that the
maximum stress will occur at the furthest distance away in each section from the neutral axis as denoted in
Equation 5-11.

𝜎𝑡,𝑏 =

𝑀𝑦
𝐼𝑡𝑜𝑡𝑎𝑙

5-11

As the material used for the spar-caps will have constant density, the mass per unit length of the section can
be found.

𝑚
= 𝜌 ∙ (𝐴𝑡 + 𝐴𝑏 )
𝑥

5-12

Then, the design goal is to minimize the mass of the section while still meeting a minimum margin of safety.
The end-goal is to find values for the four-dimensional space of 𝑙𝑡 , 𝑙𝑏 , 𝑡𝑡 and 𝑡𝑏 . To make this problem more
accessible and due to design decisions, 𝑙𝑡 and 𝑙𝑏 have been decided to take 10% of the chord length and are
thus dependent on the location of the section along the span. The best solution to the problem now requires
examining the two-dimensional space of top and bottom cap thicknesses 𝑡𝑡 and 𝑡𝑏 . As there is a need to
evaluate against ultimate strength in tension and compression, the margin of safety will be examined across
a range of top and bottom cap thicknesses for each section along the span. The maximum positive and
maximum negative bending load cases are evaluated to ensure that the top and bottom caps can sustain the
bending loads without meeting a maximum tension or maximum compressive stress. This evaluation is
repeated for every section along the span through MATLAB’s fminsearch optimization algorithm. The final
thickness values represent the minimum thickness required to exactly meet a margin of zero with a factor of
safety.
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5.3.3

Skin Multi-Cell Torsion

To analyze the shear stress on the wing skin and secondary spars, a multi-cell approach will be used, adapted
from Aircraft Structures for Engineering Students, by T.H.G. Megson [24]. Most of the wing can be
approximated by a multi-cell box as represented for the wing in Figure 5-3. Each section of the skin and each
spar shear-web has an independent length, thickness, and shear modulus. Each cell has an independent area.
Note that the caps of each spar are not included in this analysis as they are assumed to be significantly thicker
than the wing skin, sustaining the shear load without issue. This method does not capture the sweep-back of
the leading-edge spar as it is simplified for estimation purposes.

Figure 5-3: Multi-Cell Wing Box

From Megson, there are several equations involving the characteristics of each wall in the multi-cell structure,
material properties, and torque to use to solve for shear flow, 𝑞, in each shear-web and skin.
𝑁

𝑇 = ∑ 2𝐴𝑅 𝑞𝑅
𝑅=1

𝑑𝜃
1
𝑑𝑠
=
∮𝑞 ∗
𝑑𝑧 𝑅 2𝐴𝑅 𝐺𝑅𝑒𝑓 𝑅 𝑡

𝑡∗ =

𝐺
𝑡
𝐺𝑅𝑒𝑓
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5-13

5-14

5-15

Applied to the TP Racer wing section, the four equations shown next will be solved for 𝑞⃗. Note, the lengths
𝑙 have replaced 𝑑𝑠 once integrated. The coefficients of 𝑞 arise from summing the walls adjacent to a single
cell and subtracting the walls shared by two cells.

𝑙𝑓
𝑑𝜃
1
𝑙𝑎 𝑙𝑓
=
[𝑞1 ( + ) − 𝑞2 ( )]
𝑑𝑧 2𝐴𝐼 𝐺𝑅𝑒𝑓
𝑡𝑎 𝑡𝑓
𝑡𝑓

5-16

𝑙𝑓
𝑙𝑓 𝑙𝑏 𝑙𝑔 𝑙𝑒
𝑙𝑔
𝑑𝜃
1
=
[−𝑞1 ( ) + 𝑞2 ( + + + ) − 𝑞3 ( )]
𝑑𝑧 2𝐴𝐼𝐼 𝐺𝑅𝑒𝑓
𝑡𝑓
𝑡𝑓 𝑡𝑏 𝑡𝑔 𝑡𝑒
𝑡𝑔

5-17

𝑙𝑔
𝑙𝑔 𝑙𝑐 𝑙𝑑 𝑙ℎ
𝑑𝜃
1
=
[−𝑞2 ( ) + 𝑞3 ( + + + )]
𝑑𝑧 2𝐴𝐼𝐼𝐼 𝐺𝑅𝑒𝑓
𝑡𝑔
𝑡𝑔 𝑡𝑐 𝑡𝑑 𝑡ℎ

5-18

𝑇 = 2[𝐴𝐼 𝑞1 + 𝐴𝐼𝐼 𝑞2 + 𝐴𝐼𝐼𝐼 𝑞3 ] = 2 ∙ 𝐴⃑ ∙ 𝑞⃑

5-19

The three equations for

𝑑𝜃
𝑑𝑧

𝑙

can be converted to matrix form, with the values 𝛿𝑘 replacing those for 𝑘 .
𝑡𝑘

𝛿𝑎 + 𝛿𝑓
𝑑𝜃 𝐴𝐼
1
∙ [ 𝐴𝐼𝐼 ] =
∙ [ −𝛿𝑓
𝑑𝑧 𝐴
2𝐺𝑅𝑒𝑓
0
𝐼𝐼𝐼

−𝛿𝑓
𝛿𝑓 + 𝛿𝑏 + 𝛿𝑔 + 𝛿𝑒
−𝛿𝑔

0
−𝛿𝑔
𝛿𝑔 + 𝛿𝑐 + 𝛿𝑑 + 𝛿ℎ

0
𝑞1
0 ] ∗ [𝑞2 ]
𝑞3
−𝛿ℎ

5-20

Each matrix can be replaced with a matrix variable.

𝑑𝜃
1
∙ 𝐴⃑ =
∙ 𝚫 ∙ 𝑞⃑
𝑑𝑧
2𝐺𝑅𝑒𝑓

5-21

This can be inverted to solve for 𝑞⃑.

2𝐺𝑅𝑒𝑓

𝑑𝜃 −𝟏
⃑⃑
∙ 𝚫 ∗ ⃑⃑⃑
𝐴=𝑞
𝑑𝑧
5-22

Combining Equations 5-19 and 5-22 to negate the dependance on 𝑞 gives rise to the solution for
plugging

𝑑𝜃
𝑑𝑧

𝑑𝜃
𝑑𝑧

. Then

back into 5-22 gives the solution for 𝑞, the shear flow in each cell. Dividing the shear flow of

each cell by the actual wall thickness of the wall of interest leads to the solution for shear stress, 𝜏, in each
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wall. Note that for walls shared between each cell, the difference in shear flow between the two cells is equal
to the shear flow in that particular wall. This same methodology can be reproduced for the tail geometry
shown by Figure 5-4.

Figure 5-4: Multi-Cell Tail Box

As CEA-3D outputs a twisting moment at each surface center, the dimensions of the wing cells will be
outputted at each panel center. Then, various thicknesses for the skin will be examined for each section. Each
section is to be determined separately; this is a basic approximation, but this should give a first-order
estimation for thickness to aide in future FE model generation and FEA results verification.
When applying this method to finding preliminary skin thickness, the design goal of the skin is to find the
minimum material condition that still has a margin of safety with a factor of safety. A few simplifications
will be made to find the initial structural estimates. The first assumption is a constant shear modulus over all
walls, this can be refined later as better material estimates are generated.

𝐺 = 𝐺𝑅𝑒𝑓
5-23
The second assumption is that the primary shear-web thicknesses in the torsion analysis is separate from the
thicknesses required for vertical shear as discussed previously. This is due to the fact that the maximum case
for the wing in shear is the same as the maximum case for torsion. A future FEM should evaluate the effect
of combining the thicknesses found through the two methods. The next assumption is that each wall has the
same thickness, including the primary shear-webs. The last assumption is that the top and bottom flanges on
the spars are not considered for this analysis, their thickness is only a function of wing bending. Then, the
maximum shear stress in any wall is found. Each sections’ thickness is optimized for total mass, while
ensuring a passing margin of safety, through MATLAB’s fminsearch function.
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5.4

Rear Fuselage

To determine the required thickness of the rear fuselage skin, a structural idealization of the fuselage skin
and loads is created. From each load case, the forces and moments on the tail with respect to the aircraft CG
can be separated as shown in Figure 5-5.

Figure 5-5: Wing and Tail Load Separation

For preliminary design, it will be sufficient to find a single unidirectional material skin thickness to sustain
the normal stresses and a single bias material skin thickness to sustain the shear stress. Then, these two
material thicknesses will be swept across the entire rear fuselage. These thicknesses will arise from the
maximum material condition required to sustain the normal and shear loads across the perimeter of a fuselage
cross-section. To find this, three sections of the fuselage will be examined as shown in Figure 5-6.
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Figure 5-6: Rear Fuselage Design Sections

Cross-section one can be approximated by an ellipse with semi-major axis of 0.28 𝑚, semi-minor axis of
0.13 𝑚, and distance from the lift center of the tail of 0.52 𝑚. By idealizing the skin as a uniform thickness
with elliptical cross-section, calculations are greatly simplified for shear and normal stresses. The second
cross-section examined occurs halfway between the tail and the rear of the canopy with semi-major axis of
0.33 𝑚, semi-minor axis of 0.16 𝑚, and distance from the lift center of the tail of 0.9 𝑚. Finally, the third
cross-section occurs at the rear of the canopy with semi-major axis of 0.38 𝑚, semi-minor axis of 0.19 𝑚,
and distance from the lift center of the tail of 1.29 𝑚.
The stress state for the unidirectional material will be from a combination of axial and bending loads whereas
the stress state for the bias material will be from a combination of twisting and shear loads. The forces and
moments on the rear fuselage induced by the tail will be calculated as if the wing and center of mass were
fixed. The loads applied to the cross-sections are summarized as follows.
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𝑇𝑤𝑖𝑠𝑡𝑖𝑛𝑔 𝑀𝑜𝑚𝑒𝑛𝑡 = 𝑀𝑇𝑥

5-24

2

𝐵𝑒𝑛𝑑𝑖𝑛𝑔 𝑀𝑜𝑚𝑒𝑛𝑡 = √(𝐹𝑇𝑦 ∙ 𝐿) + (𝐹𝑇𝑧 ∙ 𝐿)2

𝑆ℎ𝑒𝑎𝑟 𝐹𝑜𝑟𝑐𝑒 = √𝐹𝑇𝑦 2 + 𝐹𝑇𝑧 2

𝐴𝑥𝑖𝑎𝑙 𝐹𝑜𝑟𝑐𝑒 = 𝐹𝑇𝑥

5-25

5-26

5-27

Now, to begin analysis on each cross-section, an idealized model must be created. First, the moment of inertia
is found in the y and z axes with the below formulas, with a and b representing the semi-major and minor
axes respectively. These can be summed to find the polar moment of inertia.

1
𝐼𝑦 = 𝜋[𝑎3 𝑏 − (𝑎 − 𝑡)3 (𝑏 − 𝑡)]
4

5-28

1
𝐼𝑧 = 𝜋[𝑏3 𝑎 − (𝑏 − 𝑡)3 (𝑎 − 𝑡)]
4

5-29

𝐽0 = 𝐼𝑦 + 𝐼𝑧
5-30
Importantly, since the resultant vector of the combined in-plane bending loads forms an angle with the axes
of the cross-section, a rotation to angle 𝜃 will be applied to the moment of inertia of the cross section. This
rotation by 𝜃 is shown through Equation 5-31 [25]. The formula can be simplified as, since mass is assumed
to be distributed symmetrically about the cross section, the product of inertia is zero. Additionally, it can be
shown that the polar moment of inertia will not change by any rotation 𝜃.

𝐼𝑢 =

𝐼𝑦 + 𝐼𝑧 𝐼𝑦 − 𝐼𝑧
+
cos(2𝜃) − 𝐼𝑥𝑦 sin(2𝜃)
2
2

5-31

Next, to calculate the shear stress due to torsion in the rear fuselage, the below equation is used.

𝜏𝑡𝑜𝑟𝑠𝑖𝑜𝑛 =

(𝑇𝑤𝑖𝑠𝑡𝑖𝑛𝑔 𝑀𝑜𝑚𝑒𝑛𝑡) ∙ 𝑟
𝐽0

5-32

Then, to calculate the shear stress due to the difference in total shear force between the tail and wing, the
below equation for shear flow is used from T.H.G. Megson’s Aircraft Structures for Engineering Students’
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Equation 20.11 [24]. This method will result in an average shear stress across the entire skin and will fail to
show the shear distribution; however, for estimation purposes this will give a stress estimation valid enough
for preliminary design. The governing formula is shown below in terms of 𝑥 and 𝑦 as stated in the textbook.
To translate into fuselage coordinates, 𝑥 will be replaced by 𝑦 and 𝑦 with 𝑧.
𝑠

𝑛

𝑆𝑥 𝐼𝑥𝑥 − 𝑆𝑦 𝐼𝑥𝑦
𝑞𝑠 = − (
) (∫ 𝑡𝐷 𝑥 𝑑𝑠 + ∑ 𝐵𝑟 𝑥𝑟 )
2
𝐼𝑥𝑥 𝐼𝑦𝑦 − 𝐼𝑥𝑦
𝑟=1
𝑠

0

𝑛

𝑆𝑦 𝐼𝑦𝑦 − 𝑆𝑥 𝐼𝑥𝑦
−(
) (∫ 𝑡𝐷 𝑦 𝑑𝑠 + ∑ 𝐵𝑟 𝑦𝑟 ) + 𝑞𝑠,0
2
𝐼𝑥𝑥 𝐼𝑦𝑦 − 𝐼𝑥𝑦

5-33

𝑟=1

0

𝐵𝑟 in the above equation refers to any load carrying booms in the fuselage. Since the fuselage is to be analyzed
to have a separate shear-carrying bias material and normal-carrying unidirectional material, there are no
booms or spars included when calculating the shear. The bias material in the skin has thickness 𝑡𝐷 and carries
all the shear load. Additionally, the product of inertia is zero and a constant thickness around the skin is
assumed, so the above equation reduces to what is shown below.

𝑞𝑠 = − (

𝑠
𝑠
𝑆𝑦 𝐼𝑦
𝑆𝑧 𝐼𝑧
) ∙ 𝑡𝐷 ∫ 𝑦𝑑𝑠 − (
) ∙ 𝑡𝐷 ∫ 𝑧𝑑𝑠
𝐼𝑦 𝐼𝑧
𝐼𝑦 𝐼𝑧
0
0

5-34

The line integral over the perimeter of the ellipse of 𝑦 is calculated as follows. First, the ellipse is
parameterized. This parameterization sets the zero-datum of 𝑡 to be where the 𝑦-axis intersects the positive
wall of the ellipse. Bounds of integration can change which part of the ellipse is being analyzed.

𝑦 = b cos(𝑡)
{
𝑧 = 𝑎 sin(𝑡)

5-35

Using the equation for line integrals shown in Equation 5-36, the integral can be solved.
𝑠

𝑠

2

2

∫ 𝐹(𝑦, 𝑧)𝑑𝑠 = ∫ 𝐹(𝑦(𝑡), 𝑧(𝑡))√(𝑦 ′ (𝑡)) + (𝑧 ′ (𝑡)) 𝑑𝑡
0

5-36

0
𝑠

𝜋

∫ 𝑦𝑑𝑠 = ∫ 𝑏 cos(𝑡) ∙ √𝑏2 sin2(𝑡) + 𝑎2 cos2(𝑡) 𝑑𝑡
0

−𝜋

5-37

Note that only the positive y-axis side of the ellipse is being analyzed here to find a non-zero shear flow. In
extension to both sides, the shear flow will flow the opposite direction when mirrored across the z-axis and
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the total integral will be zero. This single side will only have half of the load applied to it to approximate this
effect. Then, substituting 𝑢 = sin(𝑡) and 𝑐 =

𝑏2
𝑎2

gives the below expression.

1

∫ 𝑎𝑏√1 + (𝑐 − 1) ∙ 𝑢2 𝑑𝑢
−1

5-38

Integrating this expression gives the below result.
−1 𝑏
𝑏2 𝑐𝑜𝑠ℎ (𝑎)
∫ 𝑦𝑑𝑠 = 𝑎𝑏 √ 2 +
2
𝑎
0
√𝑏 2 − 1
(
)
𝑎
𝑠

5-39

Similarly, the line integral of 𝑧 can be calculated as shown below.
𝑠

𝜋

∫ 𝑧𝑑𝑠 = ∫ 𝑎 sin(𝑡) ∙ √𝑏2 sin2 (𝑡) + 𝑎2 cos2(𝑡) 𝑑𝑡
0

5-40

−𝜋

The only difference in integration here is the substitution of 𝑐 =

𝑎2
𝑏2

. This gives the below result.

𝑠
1
𝑎2
∫ 𝑧𝑑𝑠 = ∫ 𝑎𝑏√1 + (𝑐 − 1) ∙ 𝑢2 𝑑𝑢 = 𝑎𝑏 √ 2 +
𝑏
0
−1

(

𝑎2
− 1)
𝑏2

sinh−1 (√

2
√𝑎2 − 1
𝑏
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)

Now, in total, the formula for shear flow in the fuselage is below, with the applied shear loads representing
half the total loads since they are applied to half each cross-section.

𝑞𝑠±

−1 𝑏
𝑆𝑦 𝐼𝑦
𝑏2 𝑐𝑜𝑠ℎ (𝑎)
𝑆𝑧 𝐼𝑧
= ∓(
) ∙ 𝑡𝐷 𝑎𝑏 √ 2 +
∓(
)
2
𝐼𝑦 𝐼𝑧
𝑎
𝐼𝑦 𝐼𝑧
𝑏
√ 2−1
(
)
𝑎
2
𝑎
−1 √
sinh
(
− 1)
2
𝑏
𝑎2
√
∙ 𝑡𝐷 𝑎𝑏
+
2
𝑏2
√𝑎2 − 1
𝑏
(
)
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𝑏

𝑏2

𝑎

𝑎2

Note that the domain of 𝑐𝑜𝑠ℎ−1 is [1, ∞), so since 𝑏 < 𝑎, the quotient of 𝑐𝑜𝑠ℎ −1 ( ) and √

− 1 represents

a complex number divided by a complex number which is real. The domain of 𝑠𝑖𝑛ℎ−1 is the whole real line,
so there are no complex issues in that section of the equation. In general, it is expected that this contribution
to the total shear load on the bias material of the fuselage is smaller than the contribution for the twisting
moment. Finally, to find the shear stress contribution from this vertical shear, the shear flow is divided by
the thickness of the skin as shown in Equation 5-43. Because the formula includes both the 𝑦 and 𝑧 shear
loads and represents an average shear flow through the skin, no further rotations will be needed.

𝜏𝑣𝑒𝑟𝑡𝑖𝑐𝑎𝑙 𝑠ℎ𝑒𝑎𝑟 =

𝑞𝑠
𝑡𝑠𝑘𝑖𝑛

5-43

In addition to shear stresses, the fuselage will experience normal stresses on the unidirectional material. There
will be a slight contribution to stress from the drag of the tail as shown in Equation 5-44.

𝐹𝑊𝑥 − 𝐹𝑇𝑥
𝐴𝑠𝑘𝑖𝑛

𝜎𝑑𝑟𝑎𝑔 =

5-44

To conclude the loads on the unidirectional material, the resultant moment vector will be calculated to find
the normal stress induced by bending. Then, the moment of inertia of the unidirectional material is rotated to
be in line with the resultant moment. Finally, the radius to the outer edge of the cross-section is calculated
and Equation 5-45 is used to find the normal stress due to bending.

𝜎𝑏𝑒𝑛𝑑𝑖𝑛𝑔 =

𝑀𝑟𝑒𝑠𝑢𝑙𝑡𝑎𝑛𝑡 𝑟
𝐼𝑢𝜃

5-45

Finally, to calculate the thicknesses of both the unidirectional material and the bias material, each thickness
is iterated through the final stress equations found above and the factor of safety for shear and normal stresses
until a margin of safety of greater than zero is found.
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6

PRELIMINARY STRUCTURAL DESIGN RESULTS

Each primary spars’ shear-webs and spar-caps, as well as each lifting surface’s skin and the rear fuselage
monocoque structure have been analyzed under the analytical structural equations as described in Chapter 0
and maximum stress theory. Preliminary thicknesses and mass estimates of each structural element have been
estimated as a function of location across the span of each lifting surface. First, the primary spars’ shearwebs will be examined, then the spar-caps, then the skins, and finally the rear fuselage.

6.1

Spar Shear-Web Thickness

To find the shear-web thickness of each spar, the method discussed in Section 5.3.1 is utilized on all load
cases with the bias material and a factor of safety of 1.5. The maximum thickness required over all load cases
at each surface along the both sides of the span of the wing, V-tail, and vertical stabilizer is combined into
an enveloped case. The wing shear-web’s thickness is presented in Figure 6-1, the V-tail total shear-web’s
thickness in Figure 6-2, and the vertical stabilizer total shear-web’s thickness in Figure 6-3. Note that for the
two-main-spar configuration of the V-tail and vertical stabilizer, the shear-web thickness can be split between
the two main spars. The critical case for the wing shar-web is max_roll_VC, for the V-tail shear-web is
unchecked_1, and for the vertical stabilizer shear-web is a combination of TailWheelSideLoad and
max_yaw_VA_beta_max.
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Figure 6-1: Wing Shear-Web Thickness

Figure 6-2: V-Tail Total Shear-Web Thickness (Front Spar + Rear Spar)
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Figure 6-3: Vertical Stabilizer Total Shear-Web Thickness (Front Spar + Rear Spar)

The wing sees high total shear at the root, so a high shear-web thickness is expected. Additionally, the Vtail’s shear-web has higher thickness even though it has the same airfoil as the vertical stabilizer because it
sees higher shear under the various pitching maneuvers. Finally, the vertical stabilizer’s trend appears
different than the other two trends as the maximum shear is constant across the tip section from the tail wheel
sideload case, but then increases with proximity to the root for the maximum yaw case. In future design, the
spar-cap thickness near the tip of the vertical stabilizer could be used until a higher thickness is seen closer
to the root in order to simplify manufacturing.
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6.2

Spar-Cap Thickness

To find the thicknesses of each primary spar, the method discussed in Section 5.3.2 is utilized on all load
cases with the unidirectional material and a factor of safety of 1.5. The maximum bending loads are taken
from Figure 4-10, Figure 4-11, and Figure 4-12 for each component to find the minimum primary upper
and lower spar-cap thicknesses required over all load cases along each lifting surface. It is important to note
that for the vertical stabilizer, as it is symmetric, the maximum of the top and bottom cap thicknesses at any
distance along the span is taken as the symmetric cap thickness. These minimum required upper and lower
spa-cap thicknesses are found as shown in Figure 6-4, Figure 6-5, and Figure 6-6. For the wing, the critical
cases for spar-cap bending are max_roll_VC for the top cap and a combination of unchecked_4 and
max_roll_VC for the bottom cap. For the V-tail, the unchecked_1 and unchecked_3 cases case the
maximum positive and negative bending moments. Finally, for the vertical stabilizer spar caps, a
combination of max_yaw_beta_max in both the positive and negative directions and TailWheelSideLoad is
critical.

Figure 6-4: Wing Spar-Cap Thicknesses
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Figure 6-5: V-Tail Spar-Cap Thicknesses

Figure 6-6: Vertical Stabilizer Spar-Cap Thicknesses

The wing and V-tail top and bottom cap thicknesses seem to correlate with what is expected. The wing has
a much higher moment arm and provides the majority of the lift of the aircraft, so a higher spar cap
thickness is logical. Additionally, the top caps should be larger than the bottom caps as the unchecked_1
load case has higher total magnitude of bending moment than the unchecked_3 case. This means that the
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surfaces are deflecting upwards, putting the top caps into compression and the bottom caps into tension.
Since the unidirectional material has a higher ultimate tensile strength than compressive strength, the
required material of the bottom caps is lower as shown in the results. The spar-cap thickness required for
the vertical stabilizer is very small as it sees lower total shear and has a much smaller moment arm than
either of the other two surfaces. Additionally, the trend in the vertical stabilizer looks different as the
maximum load case is an envelope of two load cases for different regions across the span.
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6.3

Skin Thickness

To find the skin thicknesses of each section of the aircraft, the method discussed in Section 5.3.3 is applied
to all load cases with the bias material and a factor of safety of 1.5. The maximum twisting loads are taken
from Figure 4-10, Figure 4-11, and Figure 4-12 for each component to calculate the minimum required skin
thicknesses

for

each

lifting

surface.

The

critical

torsion

case

for

the

wing

skin

is

max_roll_VC_with_angularV, for the V-tail skin is unchecked_2, and for the vertical stabilizer skin is
max_yaw_VA_beta_max. The minimum required skin thicknesses are determined as shown in Figure 6-7,
Figure 6-8, and Figure 6-9.

Figure 6-7: Wing Skin Thicknesses
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Figure 6-8: V-Tail Skin Thicknesses

Figure 6-9: Vertical Stabilizer Skin Thicknesses

The skin thickness near the root of the wing does not continue the increasing trend from the middle of the
wing due to the nature of the maximum torsion load case. However, when a future FEM is created, it is
recommended that the wing skin thickness trend is continued from the middle toward the root as the middle
half of the wing is an open-section due to the landing gear and this approximation does not address this
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change in section. The skin thicknesses of the V-tail and vertical stabilizer have similar trends and final
thicknesses in the same order of magnitude. This is supported by the fact that the airfoils on the V-tail and
vertical stabilizer are the same, and the control surfaces on each have similar characteristics. However, the
ruddervators deflect twice as much in the unchecked_2 case as the rudder in the max_yaw_VA_beta_max
case. This, as well as the spans and orientations of the surfaces cause the required skin thickness on the Vtail to be higher than on the vertical stabilizer.
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6.4

Rear Fuselage Thickness

The critical case for the rear fuselage is at max_yaw_VA_beta_max at every cross-section for both shear and
normal stress. Cross-section one endures a maximum vertical shear stress of 19 𝑀𝑃𝑎, and maximum torsion
shear stress of 37 𝑀𝑃𝑎, a maximum bending normal stress of 542 𝑀𝑃𝑎, and a maximum axial normal stress
of 9.5 𝑀𝑃𝑎. The minimum thickness of bias material to sustain the shear load at cross-section one is
1.85 𝑚𝑚. A unidirectional material thickness of 0.14 𝑚𝑚 is required for the first cross-section. In a similar
manner, sections two and three can be calculated. It is apparent and logical that as the stations move further
from the tail, the bending moment becomes larger and thus the required unidirectional material increases. At
section two, a bias thickness of 1.35 𝑚𝑚 and a unidirectional thickness of 0.17 𝑚𝑚 is required. Likewise,
at section three, a bias thickness of 1.04 𝑚𝑚 and a unidirectional thickness of 0.17 𝑚𝑚 is required. Thus,
the maximum case for the bias material is at section one for a thickness of 1.85 𝑚𝑚 and the maximum case
for the unidirectional material is at section three for a thickness of 0.17 𝑚𝑚. These thickness values seem
reasonable for this kind of aircraft. These thicknesses are shown in Figure 6-10.

Figure 6-10: Rear Fuselage Material Thicknesses
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It is possible that a reduction in bias material from the tip of the fuselage to the front could be utilized to
reduce mass. Additionally, applying more bias material at the regions of highest torsional stress, namely near
the semi-major axes of the cross-sections, and less bias material at the regions of lowest torsional stress could
also reduce mass. Next, it should also be mentioned that the unidirectional material was analyzed as if it
surrounds the entire fuselage cross-section where, in future design, it will more resemble strips of material at
the top, bottom, and sides of the cross-section. These strips could have a similar taper of material to the bias,
just inverted to get thickest at the furthest point away from the tail. This will increase the thickness of the
unidirectional material but reduce the overall area of coverage.
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7

CONCLUSIONS AND RECOMMENDATIONS

This thesis presents the methodology and significant results of the loads calculations for the Cal Poly SLO
TP Racer project. Additionally, initial estimates of the structure required to handle these loads is presented,
serving as initial estimates for future detailed structural design and as a verification that the calculated loads
are within reasonable expectations.
All the load calculations were developed using CS-23 as reference. The load calculation methodology started
with the derivation of balancing loads for the flight envelope defined by the V-n Diagram. Additionally,
maneuvering loads have been calculated for unchecked and checked pitching maneuvers and for rolling and
yawing maneuvers. Then gust loads were calculated for the wing and tail surfaces. Finally, engine loads and
ground loads were calculated, and a summary of all loads results was presented. Additional loads such as
inertial, gyroscopic, and control surface loads were not included in the scope of this thesis.
To calculate the aerodynamic loads, a non-linear Vortex-Lattice Method (CEA-VLM) was utilized. This
thesis presented all the necessary inputs and aerodynamic derivatives to run this software for the TP Racer
loads calculation. For gust loads, landing gear loads, and engine loads, the methods suggested by CS-23 were
adopted.
Preliminary structural thickness estimates of the primary spar-caps, shear-webs, skins, and rear fuselage have
been calculated using simple analytical stress analysis approximations. These estimations will not, by any
means, be considered the final structural analysis of this aircraft, however they represent in this thesis a way
to verify the loads calculation results. During the development of this thesis, results of the simplified stress
analysis were compared to legacy results available in literature and discrepancies were indications of
erroneous load calculations. Through the development process of this thesis, this verification method was
utilized to correct and review the loads calculations, providing results that, although impossible to guarantee
complete accuracy, are within the expectations for this type of aircraft. These structural thickness estimations
will also provide an important starting point for a higher-fidelity finite element model that is planned for the
next phase of this project.
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A document containing the detailed results the load distribution calculations has been created to correspond
with the methods presented in this thesis. This document will be used for future phases of the project as it
contains tables and graphics of all loads on the aircraft.
As the TP Racer Project is an ongoing effort, it is possible that fundamental design characteristics of the
aircraft change, such as the V-n Diagram, mass distribution, control surface design, or OML of the aircraft.
If such changes are deemed to significantly affect loads, the loads presented in this document should be recalculated. Additionally, the loads calculations and structural design not included in the scope of this thesis
will be completed after the conclusion of this paper, with subjects as follows:
•

Calculation of mechanical system loads

•

Design of control system, landing gear, and engine mount

•

Calculation of inertial and gyroscopic loads

•

Finite Element Model and Analysis

95

REFERENCES
[1]

Federation Aeronatique Internationale, "FAI Sporting Code, Section 2 - Aeroplanes," 1 January
2013. [Online]. Available:
https://www.fai.org/sites/default/files/documents/sc_section_2_2013.pdf. [Accessed 20 April
2022].

[2]

G. A. N. Staff, "Racing champion Steve Hinton Jr. sets world speed record," General Aviation
News, 6 September 2017. [Online]. Available:
https://generalaviationnews.com/2017/09/06/racing-champion-steve-hinton-jr-sets-world-speedrecord/. [Accessed 20 April 2022].

[3]

S. Germain, "World's Fastest Piston-Power Airplane," Smithsonian Magazine, Augsut 2018.
[Online]. Available: https://www.smithsonianmag.com/air-space-magazine/worlds-fastest-pistonairplane-180969509/. [Accessed 20 April 2022].

[4]

National Archives and Records Administration, "Part 23 - Airworthiness Standards: Normal
Categroy Airplanes," 30 December 2016. [Online]. [Accessed April 2022].

[5]

"Understanding Part 23 Rewrite," Aircraft Owners and Pilots Association, [Online]. Available:
https://www.aopa.org/advocacy/advocacy-briefs/understanding-part-23-rewrite. [Accessed 3
April 2022].

[6]

European Aviation safety Agency, "Certification Specifications and Acceptable Means of
Comliance for Normal, Utility, Aerobatic, and Commuter Category Aeroplanes, CS-23
Amendment 4," 15 July 2015. [Online]. Available:
https://www.easa.europa.eu/sites/default/files/dfu/CS-23%20Amendment%204.pdf. [Accessed
April 2022].

[7]

Federal Aviation Administration, "FAA Validation of EASA Country Small Airplanes Type
Validation Principles Agreement Potential Validation Items," 14 March 2018. [Online].

96

Available:
https://www.faa.gov/aircraft/air_cert/design_approvals/small_airplanes/small_airplanes_regs/med
ia/SSD_Part_23_62_CS23_3.pdf. [Accessed 2022 April].

[8]

Federal Aviation Administration, "Experimental Category Operating Amateur-built, Kit-built, or
Light-sport Aircraft," 6 August 2009. [Online]. Available:
https://www.faa.gov/aircraft/air_cert/airworthiness_certification/sp_awcert/experiment/expt_oper
ating/. [Accessed April 2022].

[9]

Federal Aviation Administration, "Experimental Category," 7 June 2011. [Online]. Available:
https://www.faa.gov/aircraft/air_cert/airworthiness_certification/sp_awcert/experiment/.
[Accessed April 2022].

[10]

National Archives and Records Administration, "Electronic Code of Federal Regulations," 21
March 2022. [Online]. Available: https://www.ecfr.gov/current/title-14/chapter-I/subchapterC/part-21/subpart-H/section-21.193. [Accessed April 2022].

[11]

B. Etkin, Dynamics of Flight - Stability and Control, New York: John Wiley & Sons, Inc., 1959.

[12]

A. S. J. Hess, "Calculation of Non-Lifting Potential Flow About Arbitrary Three-Dimensional
Bodies," Dougle Aircraft Division, Long Beach, CA, 1962.

[13]

P. I. L. Vargas, CEA -VLM, Mina Gerais, Brazil: Centro De Estudos Aeronauticos, Universidade
Federal de Minas Gerais.

[14]

L. D. R. Bernard Etkin, Dynamics of Flight - Stability and Control, 3rd Edition, Hoboken, New
Jersey: Wiley, 1995.

[15]

A. P. J. Katz, Low-Speed Aerodynamics, Second Edition, New York: Cambridge University
Press, 2001.

97

[16]

E. A. S. Agency, "Certification Specifications for Normal-Category Eroplanes, CS-23
Amendment 5," 29 March 2017. [Online]. Available:
https://www.easa.europa.eu/downloads/22283/en. [Accessed April 2022].

[17]

P. Iscold, "Cargas no Solo," Centro de Estudos Aeronauticos da UFMG, Belo Horizonte, Brazil,
2008.

[18]

D. Raymer, Aircraft Design: A Conceptual Approach, Fifth Edition, Aerospace Research Central,
AIAA, 2012.

[19]

E. H. D. Biermann, "The Aerodynamic Characteristics of Full-Scale Propellers Having 2, 3, and
4 Blades of Clark Y and R.A.F 6 Airfoil Sections," 1938. [Online]. Available:
https://ntrs.nasa.gov/citations/19930091715. [Accessed April 2022].

[20]

M. Slymen, "Aircraft Loads for a World Speed Record-Breaking Tubro-Prop Racing Airplane,"
California Polytechnic State University, San Luis Obispo, 2022.

[21]

P. Iscold, Stability and Control -04 - Elevator Deflections, San Luis Obispo: Canvas Page,
California Polytechnic State University San Luis Obispo, 2022.

[22]

Pratt & Whitney Canada, PT6A-68D Turboprop Engine Specification, 2011.

[23]

S. F. A. Ugural, Advanced Mechanics of Materials and Applied Elasticity, Sizth Edition, Pearson,
2019.

[24]

T. Megson, Aircraft Structures for Engineering Students, Sizth Edition, Cambridge, MA: Elsevier
Ltd., 2017.

[25]

P. Dr. Minas Lemonis, "Rotated Axes Transformation of Moments of Inertia,"
CalcResource.com, 2 May 2020. [Online]. Available: https://calcresource.com/moment-ofinertia-rotation.html. [Accessed 19 April 2022].

98

[26]

B. Comstock, "Aero 500 Final Report," 2020.

[27]

A. Young, "The Aerodynamic Characteristics of Flaps," H.M. Stationery Office, London, 1953.

99

APPENDICES
A. V-n and Gust Envelope Summary
Extracting the vertices of the V-n Diagram gives rise to the most extreme load cases the aircraft will endure.
These are the cases that will be calculated and are documented in Table A-1. Likewise, taking the vertices of
the Gust Diagram gives rise to the cases documented in Table A-2. Each of these maneuvering envelope
cases will later have an associated load distribution. Every point on the gust envelope will also have a
corresponding load distribution calculated, but then additionally have incremental tail loads added to those
distributions.
Table A-1: Maneuvering Envelope
EAS [kts] (m/s)

Max Load Factor

Flaps (Y/N)

𝑉𝑆 +
𝐹

Title

83 (42.7)

1

Y

𝑉𝑆+

100 (51.4)

1

N

𝑉𝑆−

105 (54.0)

-1

N

𝑉𝐴,𝐹

117 (60.2 )

2

Y

𝑉𝐹

149 (76.9)

2

Y

𝑉𝐴−

182 (93.6)

-3

N

𝑉𝐴+

244 (125.5)

6

N

𝑉𝐶

430 (221.2 )

-3

N

𝑉𝐷

538 (276.7)

6

N

𝑉𝐷

538 (276.7)

-1

N

Table A-2: Gust Envelope
Title

EAS [kts] (m/s)

Load Factor

𝑉𝑆

100 (51.4)

1

𝑉𝑆

100 (51.4)

0.36

𝑉𝑆 𝑀𝑎𝑥 𝐺𝑢𝑠𝑡𝑠

137 (70.5)

1.9

𝑉𝐶

430 (221.2 )

3.8

𝑉𝐶

430 (221.2 )

-1.8

𝑉𝐷

538 (276.7)

3

𝑉𝐷

538 (276.7)

-1
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B. Lift Coefficients and Derivatives MATLAB Applications
B.1

CL Etkin Method App

The CL Etkin Method Application takes in various inputs about wing and airfoil geometry to output lift
coefficients and derivatives. The GUI is presented in Figure A-1. The application can also generate a
coefficient vs. Mach plot as was displayed in Figure 4-3. The application does not currently account for gap
effects or semi-span effects as Etkin’s full method does as it was unnecessary for the TP Racer preliminary
calculations.

Figure A-1: CL Etkin App GUI
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B.2

CM Young App

The CM Young App uses A.D. Young’s method for estimating 𝐶𝑀 𝑚𝑎𝑥 from a variety of input parameters. It
then displays a best fit equation for 𝐶𝑀 𝛽 . The application is configured to the TP Racer’s control surfaces as
presets, but any surface’s derivative can be found by the correct input parameters. The GUI is presented in
Figure A-2.

Figure A-2: CM Young App GUI
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B.3

Numerical Derivatives App

The Numerical Derivatives App utilizes the CEA-2D method to calculate the polars for any given airfoil
coordinates file. It also can add a control surface onto the airfoil by deflection angle and flap to chord ratio.
Calculating a range of airfoils will iterate over a space of angle-of-attacks to find the shift in 𝐶𝐿 , 𝐶𝑀 , and 𝐶𝐷
plots per angle, estimating values of the derivatives. The GUI is presented in Figure A-3.

Figure A-3: Numerical Derivatives App GUI
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C. Conceptual Aircraft Design Toolkit
In the creation of this thesis, much code was written to solve most of the loads and structure. While writing
this code, a graphical user interface was developed to make the calculations accessible to future users. This
GUI is named the Conceptual Aircraft Design Toolkit (CADT). CADT has been written through MATLAB’s
App Designer with a modular approach. For many of the maneuvers and aerodynamic solvers, the CADT
adapts the code written in CEA-VLM written about earlier in this thesis. Using the modular approach, buttons
and tabs can be added to modify or utilize the primary aircraft file for future use cases.
The home page with the “Geometry and Aircraft Definition” Tab is shown above the “Maneuvers” tab in
Figure A-4. Each button opens a specific window with tools to affect the main viewport on the home page.

Figure A-4: CADT Homepage

An example of a specific toolkit window is shown for the Balancing Maneuvers in Figure A-5 and for the
Surface Editing Tools as shown in Figure A-6 with the background surfaces on the home page also shown in
Figure A-6.

104

Figure A-5: Balancing Maneuvers GUI

Figure A-6: Surface Editing GUI

A wide variety of other tools are included for future users or adaptation to other projects. Most of the code
should run well for aircraft other than the TP Racer, but the occasional alteration to background code may be

105

needed for different aircraft configurations. The CADT is a work in progress and should be treated as such
with proper validation and attention to detail in the results. Other features in the toolkit include the following:
•

STL Import Tool

•

Detailed Surface Editing

•

Mass Properties GUI

•

Control Surface Editing

•

Geometry Calculation

•

Aircraft Visual Summary

•

V-n and Gust Diagram Creator

•

Aerodynamic Derivatives Finder

•

Incremental Gust Loads Solver

•

Manual Loads Editor

•

CEA-VLM Solver

•

Aircraft Polar Calculation

•

Balancing, Unchecked, Checked, Rolling, Yawing Maneuver GUIs

•

Single Load Case Results Viewer

•

Enveloped Load Case Results Viewer

•

Material Editor

•

Shear-Web, Spar-Cap, Skin, Rear Fuselage Solvers
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